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FOREWORD 
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4. 

INTRODUCTION 


As  authorized  by  contract  AF  33(61 6) -2348,  North  American  Avia¬ 
tion,  Inc.  ,  initiated  a  design  study  for  a  system  capable  of  measuring 
true  angles  of  attack  and  yaw  of  an  aircraft.  The  capabilities  and  merits 
of  all  pertinent  systems  were  to  be  evaluated  in  the  light  of  the  contractual 
requirements. 

CONTRACTUAL  REQUIREMENTS 

The  requirements  specified  in  the  contract  are: 

"The  Contractor  shall  undertake  to  devise  a  method  of  measuring 
angle  of  attack  of  an  aircraft.  The  method  shall  utilize  sensing  element(s) 
a  compensating  distribution  amplifier,  and  indicator.  The  sensing  ele¬ 
ment  shall  have  a  minimum  protuberance  beyond  the  skin  of  the  aircraft 
and  shall  not  utilize  or  consist  of  any  externally  moving  parts.  The  com¬ 
pensating  distribution  amplifier  shall  include  a  computing  mechanism  to 
introduce  the  necessary  data  (from  other  sensing  elements,  if  necessary) 
to  compensate  for  any  errors  in  the  basic  system  and  thereby  provide  for 
an  output  of  true  angle  of  attack.  The  amplifier  shall  provide  two  isolated 
synchro  type  outputs. 

"The  method  shall  be  suitable  for  measuring  angle  of  yaw  through 
reorientation  of  the  sensing  element  and  necessary  mechanization  modifi¬ 
cations. 

"The  goal  for  accuracy  is  set  at  an  error  of  less  than  0.  1  degree  of 
true  angle  of  attack  during  normal  flight  conditions. 

"Minimum  aerodynamic  drag  and  interference. 

"No  moving  parts  external  to  the  aircraft  or  exposed  to  environ¬ 
mental  conditions. 

"Best  accuracy  attainable  under  all  compatible  flight  conditions. 

This  accuracy  should  be  maintained: 

Throughout  the  speed  range  of  90  knots  to  Mach  3. 

Throughout  all  altitudes  up  to  100,  000  feet. 

Fox*  all  configurations  of  aircraft  such  as  all  wheel, 
flaps,  and  bomb  bay  door  positions. 
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"Minimum  space  and  weight  requirements. 

"Maximum  reliability  and  resistance  to  environmental  conditions. 

"Practical  from  standpoint  of  ease  of  installation  by  aircraft  con¬ 
tractor. 

"Ease  of  operation. 

"Minimum  maintenance  to  keep  in  operating  condition. 

"Generally  suitable  for  all  types  of  aircraft  with  necessary  mecha¬ 
nization  modifications.  For  study  purposes,  arbitrary  airplane  charac¬ 
teristics  will  be  assumed." 

DEFINITIONS 

The  standard  notation  for  the  aircraft  reference  axis  system  is 
shown  in  Fig.  1,  along  with  the  geometrical  representation  of  the  angles 
of  attack  and  yaw.  All  angles  and  axes  are  shown  in  their  positive  direc¬ 
tions. 


The  angle  of  attack  of  an  aircraft  (Fig.  1)  is  that  angle  between  the 
fuselage  reference  line  and  the  aircraft  flight  path  within  the  aircraft  ver¬ 
tical  plane  of  symmetry  (XZ -plane).  It  is  a  pitching  angle  about  the  Y- 
axis  with  the  aircraft  nose-up  attitude  being  considered  as  a  positive  angle 
of  attack. 

The  angle  of  yaw  (Fig.  1)  is  that  angle  between  the  fuselage  refer¬ 
ence  line  and  the  aircraft  flight  path  in  the  aircraft  horizontal  plane  (XY- 
.plane)  normal  to  the  aircraft  vertical  plane  of  symmetry.  When  the  air¬ 
craft  nose  is  to  the  left  of  the  flight  path,  as  seen  along  the  positive  direc¬ 
tion  of  flight  path,  the  angle  of  yaw  is  considered  positive.  "Yaw  angle"  is 
frequently  labeled  "side  slip"  or  "skid  angle"  by  other  agencies. 

FLIGHT  ENVELOPE 

The  contractual  requirements  call  for  the  measurement  of  angle  of 
attack  for  aircraft  operating  within  the  following  boundaries: 

V  =  90  knots  to  Mach  3.  0 
h  =  sea  level  to  100,  000  ft 

The  envelope  defined  by  these  limits  is  shown  in  Fig.  2.  A  modification 
of  this  envelope,  which  encompasses  a  smaller  range  of  flight  parameters, 
is  shown  in  the  same  figure.  This  modification  represents  the  flight  en¬ 
velope  recommended  by  considerations  which  limit  flight.  The  reasons 
for  modifying  the  envelope  are  discussed  under  the  "Flight  Parameters" 
heading  of  the  second  chapter. 


-  3  - 
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Fig.  2.  Modified  flight  envelope 


EXPECTED  USES 


The  true  angle  of  attack  indicator  has  the  following  applications: 

1.  Fire  control  computers 

2.  Bombing  systems 

3.  Stall  warning 

4.  Cruise  control 

5.  Flight  instrument  compensation 

6.  Gust  alleviation 

7.  Fire  control  autopilots  (when  used  to  measure  yaw  angle) 

8.  Pilot  relief  autopilots  (when  used  to  measure  yaw  angle) 

Because  it  is  difficult  to  design  and  maintain  a  system  providing  true 
angle  of  attack  with  an  accuracy  of  0.  1  degree  for  the  entire  specified 
Mach  number  range  of  0.  14  to  3.0,  the  above  applications  were  examined 
to  determine  whether  regions  in  the  flight  envelope  exist  where  this  strin¬ 
gent  tolerance  might  be  relaxed.  Present  requirements  indicate  that  the 
0.  10 -degree  accuracy  is  needed  only  for  the  fire  control  and  bombing  sys¬ 
tems,  which  usually  place  emphasis  on  maintaining  accuracy  at  the  upper 
portion  of  the  aircraft  speed  range.  Considering  the  capabilities  of  near- 
future  aircraft,  it  seems  reasonable  that  most  importance  should  be  at¬ 
tached  to  the  supersonic  portion  of  the  flight  envelope. 
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BASIC  CONSIDERATIONS 


SENSING  METHODS  THEORETICALLY  AVAILABLE 

Before  discussing  in  detail  the  various  angle  of  attack  systems  in¬ 
vestigated,  it  is  worth  while  to  review  the  basic  principles  that  can  be 
useful  for  sensing  the  air  stream  direction.  Some  of  these  principles  can 
be  discarded  immediately;  others  will  require  more  detailed  study  and 
comparison. 

As  stated  before,  angle  of  attack  is  the  angle  between  some  refer¬ 
ence  line  in  the  airplane  and  the  free -stream  velocity  vector.  The  free- 
stream  velocity  is  defined  by  motion  with  respect  to  air  molecules.  Ob¬ 
viously,  then,  the  sensor  must  be  sensitive  to  the  direction  of  relative 
flow  of  air  molecules.  The  methods  available  for  sensing  can  be  classi¬ 
fied  according  to  the  angle  of  attack  function  measured. 

PRESSURE-SENSITIVE  DEVICES 

As  the  air  flows  around  any  body  it  creates  a  certain  pressure  pat¬ 
tern  over  the  surface  of  the  body  for  each  set  of  conditions,  which  are 
usually  velocity,  density,  ard  Mach  number.  If  the  angle  of  the  air  flow 
over  the  body  changes,  the  pressure  distribution  over  the  body  changes. 
This  change  in  pressure  distribution  has  been  widely  considered  for  sen¬ 
sing  angle  of  attack.  Pressures  are  usually  sensed  at  two  ports  on  the 
surface  of  the  body,  located  to  give  as  linear  an  indication  of  flow  angle 
as  possible.  Pressure  ports  may  be  installed  in  spheres,  cones,  or 
wedges,  usually  mounted  on  a  boom,  as  well  as  in  the  leading  edge  of  the 
wing  or  in  the  fuselage  nose. 

These  devices  usually  require  information  on  Mach  number,  dynamic 
pressure,  and  angle  of  yaw  to  compute  angle  of  attack.  Also,  for  large 
ranges  of  angle  of  attack,  corrections  are  required  for  noniinearities  in 
the  relation  between  pressure  readings  and  angle  of  attack.  Angular  rate 
information  may  be  required  for  dynamic  accuracy. 

FORCE-SENSITIVE  DEVICES 

The  above-mentioned  pressure  distribution  over  a  body  results  in 
a  net  force  being  produced  on  the  body.  The  direction  and  magnitude  of 
this  force  vary  with  angle  of  attack  and  with  the  other  parameters  men¬ 
tioned.  One  way  of  utilizing  this  principle  is  to  measure  the  lift  force  on 
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the  airplane  itself.  Another  possibility  is  to  measure  the  lift  force  on  a 
small  surface  and  to  use  this  as  an  indication  of  angle  of  attack.  This 
method  also  requires  corrections  for  Mach  number,  dynamic  pressure, 
nonlinearities,  and,  possibly,  yaw. 

THERMODYNAMIC  DEVICES 

As  the  air  encounters  a  body  moving  through  it,  some  portion  of 
the  velocity  energy  is  converted  into  thermal  energy.  A  temperature 
rise  at  the  body  surface  results.  If  the  body  is  an  ogive  or  cone,  the  nose 
temperature  increases  most,  while  that  of  other  portions  increases  less 
and  depends  upon  body  shape,  the  flow  angle,  and  general  fluid  flow  pa¬ 
rameters. 

One  possibility  is  to  measure  the  variation  of  temperature  over  a 
surface" with  angle  of  attack.  However,  the  stagnation  temperature  does 
not  vary  as  much  with  change  in  flow  direction  (over  the  body)  as  does 
pressure,  and  is  also  more  difficult  to  measure  accurately  (on  a  surface), 
because  of  thermal  lag  effects.  No  work  has  been  done  on  this  method. 

Another  possibility  is  to  measure  the  rate  of  heat  conduction  away 
from  a  body  due  to  the  air  flow  over  the  body.  An  example  of  this  is  the 
hot-wire  anemometer.  By  using  one  or  two  small  wires  at  known  fixed 
angles,  one  can  reduce  the  thermal  lag  effects.  This  also  requires  in¬ 
formation  on  the  flow  conditions  and  wire  temperature,  from  which  angle 
of  attack  is  computed.  This  system  was  investigated. 

AIR  PARTICLE  IDENTIFICATION 


Under  this  classification  fall  all  devices  which  measure  the  direc¬ 
tion  of  motion  of  selected  particles  in  air  with  respect  to  the  airframe. 

The  principal  problem  is  to  identify  the  selected  particles. 

One  example  is  the  sonic  transit  time  method.  Basically,  it  entails 
exciting  the  air  molecules  by  a  sound  pulse  and  noting  the  differential 
transit  time  to  two  receivers  appropriately  located  downstream. 

Another  application  ionizes  a  small  volume  of  air  to  provide  the 
particles  for  identification  downstream.  Some  possible  configurations 
have  been  speculated  upon,  but  none  have  been  investigated  thoroughly. 

A  third  possibility,  to  inject  some  easily  identifiable  particles  such  as 
smoke,  has  been  speculated  upon,  but  not  investigated  thoroughly. 

A  fourth  is  to  use  the  Doppler  effect  of  electromagnetic  radiation 
reflected  from  selected  air  masses  to  obtain  true  airspeed  in  two  directions. 
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From  these  two  airspeeds  true  angle  of  attack  may  be  obtained.  Only  a 
brief  study  of  the  basic  equations  was  made  for  this  case. 

All  the  above  devices  may  be  used  as  sensors  in  some  sort  of  null¬ 
seeking  device.  In  general,  this  means  that  some  device  is  positioned 
until  the  sensor  indicates  a  null  signal.  The  null  position  of  the  device 
is  the  local  angle  of  attack.  The  force  required  to  position  the  device 
can  come  from  the  sensor  itself  or  from  an  actuator  controlled  by  the 
sensor.  An  illustration  of  the  first  case  is  a  vane  which  is  free  to  take 
up  a  position  dictated  by  the  forces  acting  on  it.  An  illustration  of  the 
second  case  is  a  null-seeking  differential  pressure  sensor. 

The  advantage  of  a  null- seeking  device  is  that  it  is  not  necessary 
to  know  specifically  how  the  angle  of  attack  sensitive  quantity,  such  as 
pressure  or  force,  varies  with  angle  of  attack  and  with  the  various 
flight  conditions.  However,  the  necessity  of  having  external  moving  parts 
introduces  mechanical  difficulties  in  making  the  device  rugged.  A  few 
null- seeking  devices  are  discussed  because  they  are  used  on  present  air¬ 
craft  and  require  simple  mechanisms  to  obtain  local  angle  of  attack. 

FLIGHT  PARAMETERS 

To  assist  with  the  analysis  of  angle  of  attack  measuring  systems 
and  the  selection  of  sensors,  charts  have  been  prepared  which  provide 
the  values  of  important  variables  over  the  ranges  considered  in  this  study. 

The  contract  requires  that  the  angle  of  attack  be  measured  through¬ 
out  the  speed  range  of  90  knots  to  Mach  3  and  throughout  all  altitudes  up 
to  100,  000  ft.  This  implies  possible  flight  at  90  knots  at  100,  000  ft  and 
also  at  Mach  3  at  sea  level.  Since  no  known  present  or  near -future  aircraft 
flies  at  these  extremes,  NAA  has  recommended  the  speed-altitude  enve¬ 
lope  given  in  Fig.  2.  Curves  A  and  B  constitute  the  boundaries  which  de¬ 
viate  from  the  boundaries  of  the  contract.  Both  curves  are  theoretical 
and  not  based  on  any  actual  airframe,  but  there  is  sufficient  supporting 
evidence  in  analyses  of  existing  and  near-future  airframes  to  substantiate 
the  curves. 

Curve  A  is  based  on  the  assumption  that  the  minimum  dynamic 
pressure  for  flight  is  the  same  at  all  altitudes.  If  90  knots  at  sea  level 
is  assumed  as  the  practical  condition,  the  remaining  points  on  curve  A 
are  determined  by  the  corresponding  dynamic  pressure  (27.  5  psf). 

Curve  B  is  based  on  the  limits  of  maximum  dynamic  pressure  load¬ 
ing  for  current  structural  design,  the  maximum  temperatures  of  aero¬ 
dynamic  heating  for  current  structural  materials,  and  the  maximum 
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temperatures  of  high-speed  flight  for  current  turbojet  engines.  Although 
flight  in  the  region  below  curve  B  is  possible  with  new  materials,  new 
engines,  and  heavier  structures,  the  boundaries  chosen  typify  a  select 
group  of  present-day  aircraft. 

Figure  3  gives  the  Mach- number- altitude  relationship  with  con¬ 
stant  dynamic  pressure  lines  added.  The  dynamic  pressure  is  the  in¬ 
compressible  dynamic  pressure,  q  ,  defined  by 


where 


(1) 


p  is  air  density 
V  is  aircraft  velocity 

Figure  4  provides  the  compressibility  factor-Mach  number  infor¬ 
mation.  The  compressibility  factor,  fe  ,  is  defined  as  the  ratio  of  the 
compressible  to  the  incompressible  dynamic  pressure: 


where 


(2) 


qi  is  PT  -  Ps  and  is  the  indicated,  or  compressible,  dynamic  pressure 
Pf  is  total  pressure  (Supersonically,^  is  the  total  pressure 
behind  the  shock  wave. ) 

Ps  is  free- stream  static  pressure 

Figure  5  is  the  plot  of  free-stream  static  pressure  vs  compress¬ 
ible  dynamic  pressure  for  pertinent  Mach  numbers.  Figure  6  givefe 
total  temperature  as  a  function  of  Mach  number  and  altitude. 

Total  temperature  is  defined  by 

Tt  =  T 

where 

M  is  Mach  number 

Tt  is  total  temperature  in  degrees  absolute 

T  is  ambient  temperature  in  degrees  absolute 
y  is  1 . 4  for  air 

Numerical  values  for  all  these  aerodynamic  parameters  are  based  on  the 
NACA  standard  atmosphere.  (NACA  report  No.  538) 
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COMPRESSIBLE  DYNAMIC  PRESSURE, PSI 

Fig.  5.  Static  pressure  vs  compressible  dynamic  pressure  for 
various  Mach  numbers 


Fig.  6.  Total  temperature  vs  Mach  number  for  selected  altitude 
ranges 
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AERODYNAMIC  FLOW  CONSIDERATIONS 

An  aircraft  in  flight  is  a  body  moving  through  a  homogenous  mass 
of  air  molecules  or,  better,  a  iiow  field.  This  flow  field,  disturbed  by 
the  body,  is  the  region  in  which  measurements  must  be  made.  Any  small 
protuberances  such  as  astrodomes,  antennas,  external  stores,  and  ripples 
in  the  aircraft  skin  affect  the  flow  direction.  At  subsonic  velocities,  pres¬ 
sure  is  propagated  in  all  directions  from  the  disturbance,  and  the  flow  is 
distorted  forward  of  the  body  or  protuberance,  the  distance' being  depend¬ 
ent  upon  the  velocity  and  upon  body  or  protuberance  shape.  At  supersonic 
velocities,  pressure  cannot  be  propagated  forward  of  the  disturbance,  as 
the  disturbance  is  traveling  at  a  velocity  faster  than  the  speed  of  pressure 
propagation:  i.e.  ,  than  the  speed  of  sound.  These  effects  are  of  import¬ 
ance  in  considerations  of  angle  of  attack  sensor  location. 

Position  Error 

Because  of  the  distorted  flow  field  induced  by  the  body,  the  flow 
over  the  body  is  not  in  the  same  direction  as  the  free  stream  velocity 
vector  (relative  wind).  The  difference  between  the  local  flow  angle  and 
the  free  stream  direction  is  defined  as  position  error.  Generally  speak¬ 
ing,  position  error  is  experienced  at  all  points  on  the  body  throughout  the 
Mach  number,  altitude,  and  flight  attitude  ranges.  Whenever  possible, 
fuselage  or  wing -mounted  flight  data  sensing  devices  are  mounted  at  a 
point  where  the  position  error  is  small  and  does  not  vary  too  much  through¬ 
out  the  flight  envelope. 

Position  error  can  be  predicted  analytically  or  determined  empiri¬ 
cally  with  good  accuracy  for  a  particular  aircraft,  but  the  results  may  not 
be  valid  for  other  aircraft  of  the  same  configuration.  Manufacturing  toler¬ 
ances  and  structural  deformation,  including  skin  panel  ripples,  influence 
the  flow  direction.  Furthermore,  any  dents  or  surface  roughening  experi¬ 
enced  in  the  general  vicinity  of  the  sensing  element  during  the  service  life 
of  the  aircraft  affect  the  position  error. 

In  addition,  the  local  flow  field  is  occasionally  distorted  by  protuber¬ 
ances  such  as  retractable  components,  external  stores  (not  used  on  every 
mission  and  probably  dropped  prior  to  combat),  and  even  gun  and  rocket 
blast.  The  latter  are  short-time  effects  and  not  considered  important. 

It  is  difficult  to  determine  the  position  error  of  an  individual  air¬ 
craft  so  closely  that  a  system  accuracy  of  0.10  degree  may  be  obtained, 
as  the  error  contribution  of  uncertainty  of  local  flow  conditions  must  then 
be  reduced  to  a  small  portion  of  0.  10  degree.  The  problem  becomes  more 
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Fig.  7.  Typical  zero  lift  characteristics  for  present-day  aircraft 
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acute  for  production  aircraft  because  of  variations  among  individual  air¬ 
craft  and  because  the  installation  is  made,  and  the  system  maintained,  by 
less  skilled  personnel  than  those  available  during  flight  test  operations. 

The  overall  problem  of  determination  of  flow  direction  to  such  a  small 
angular  tolerance  when  a  large  number  of  variables  are  involved  predicates 
an  advancement  in  calibration  technique,  in  maintenance  procedures,  or 
in  both. 

From  position  error  considerations,  the  most  suitable  location  for 
the  external  sensing  device  is  forward  of  the  aircraft,  perhaps  on  a  short 
boom  mounted  on  the  fuselage  nose.  Position  error  effects  are  experi¬ 
enced  at  subsonic  velocities,  but  for  most  airframe  configurations  the 
position  error  here  is  more  accurately  predictable  than  for  any  other 
location. 

In  an  aircraft  with  a  nose  radar  installation,  mounting  a  sensor 
boom  forward  of  the  radar  may  present  problems.  Under  certain  circum¬ 
stances  proper  operation  of  the  radar  may  forbid  the  use  of  a  nose  boom, 
but  there  are  also  conditions  under  which  a  boom  is  permissible.  Super¬ 
sonic  radome  configurations  are  such  that  use  of  a  nose  boom  on  future 
high-speed  aircraft  may  be  possible  with  no  compromise  on  radar  per- 
formance. 

Probable  Aircraft  Configurations 

Because  present-day  aircraft  are  reaching  up  into  the  highly  super¬ 
sonic  and  high-altitude  regions  of  the  flight  envelope  dictated  by  this  con¬ 
tract,  streamlining  is  a  factor  of  prime  importance.  Drag,  a  function  of 
the  streamlining  designed  into  the  aircraft,  must  be  kept  to  a  minimum 
for  efficient  high  performance. 

Figure  7  represents  the  zero -lift  drag  characteristics  of  a  typical 
present-day  fighter  aircraft.  In  Fig.  7,  A  the  zero-lift  drag  coefficient 
is  assumed  to  be  independent  of  altitude,  as  the  data  are  only  typical. 
Actually,  that  portion  of  the  zero-lift  drag  due  to  viscous  skin  friction 
(CDj  )  is  a  function  of  altitude  as  well  as  Mach  number.  The  lower  portion 
(Fig.  7,  B)  is  the  actual  drag  or  resistive  force  in  pounds  as  a  function  of 
Mach  number  for  various  altitudes.  The  area  bounded  by  the  curves  for 
sea  level  and  iOO,  000  ft,  as  well  as  the  dashed  line,  is  the  recommended 
flight  envelope  already  discussed. 

Maximum  Mach  number  and  minimum  fuel  consumption  require  that 
none  of  the  available  engine  thrust  be  wasted  on  needless  drag.  For  a 
given  aircraft-engine  combination  proper  emphasis  on  streamlining  is 
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Fig.  8.  Proper  wave  drag  coefficient  at  Mack  3  of  a  parabolic 
body  of  revolution  vs  fineness  ratio 
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necessary  for  optimum  performance,  and  with  current  engines  minimum 
drag  is  of  utmost  importance  in  achieving  high  supersonic  velocities. 

Because  supersonic  vehicles  are  primarily  of  interest,  the  follow¬ 
ing  discussions  will  be  limited  to  the  analysis  of  the  various  forms  of 
drag  build-up  in  supersonic  compressible  flow.  In  addition,  only  the  zero- 
lift  drag  characteristics  will  be  considered.  The  types  of  drag  which  con¬ 
tribute  to  the  zero-lift  drag  are  wave  drag  and  skin  friction  drag. 

Wave  Drag 

Wave  drag  is  the  drag  induced  by  pressures  on  a  body.  In  Fig.  8 
are  presented  the  proper  wave  drag  coefficients  at  Mach  3.  0  for  a  closed 
parabolic  forebody  of  revolution  and  for  a  blunt-base  parabolic  after-body 
of  revolution,  where  the  ratio  of  the  maximum  frontal  area  diameter  to 
the  base  diameter  is  two.  It  can  be  seen  that  the  drag  coefficient  increases 
very  rapidly  for  fineness  ratios  lower  than  eight.  Therefore  it  is  reason¬ 
able  to  assume  that  for  high-performr  ce  supersonic  vehicles,  the  fineness 
ratios  of  the  fore  and  afterbodies  must  be  high  (at  least  greater  than  eight). 
A  slight  rounding  of  the  nose  of  the  forebody  is  permissible  without  too 
large  a  drag  penalty,  as  long  as  the  ratio  of  the  radius  of  the  hemispher¬ 
ical  nose  section  is  small  in  comparison  to  the  maximum  frontal  area 
body  diameter. 

Supersonically,  wave  drag  of  a  wing  is  proportional  to  the  square  of 
the  thickness  ratio  (section  thickness  to  chord).  For  a  biconvex  section, 
the  proper  wave  drag  coefficient  is 


C*. 

where 

is  y/ M2  -  1 

—  is  thickness  ratio 

C 

K  is  a  function  of  the  planform  aspect  ratio,  taper  ratio, 
suid  sweep  angle 

Here,  again,  it  can  be  seen  that  streamlining  in  the  form  of  thin  wings  is 
important  for  drag  reduction. 

WADC  TR  54-267 


-  15  - 


i 


Skin  Friction  Drag 

Skin  friction  drag  is  due  to  the  shearing  stresses  within  the  boundary 
layer.  The  stresses  within  a  laminar  boundary  layer  produce  a  lower 
drag  than  those  in  a  turbulent  boundary  layer.  Therefore  transition  from 
a  laminar  to  a  turbulent  boundary  layer  Bhould  occur  as  far  back  on  the 
body  as  possible.  This  can  be  achieved  by  streamlining  for  wave  drag 
reduction  and  by  other  means  of  boundary  layer  control  such  as  cooling 
or  creation  of  a  vacuum  below  the  surface  to  pull  the  boundary  layer  down 
on  the  body. 


In  conclusion,  it  is  reasonable  to  assume  that  the  aircraft  configu¬ 
ration  of  the  future  will  be  characterized  by  high  fineness  ratio  bodies  of 
revolution  and  by  thin,  aerodynamic  ally  clean  wings  employing  some 
means  of  boundary  layer  control. 
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DETAILED  DISCUSSION  OF  SYSTEMS 


PRESSURE-SENSITIVE  DEVICES 

Wedge 

A  wedge-shaped  block  with  pressure  ports  or  sensors  in  the  upper 
and  lower  surfaces  can  be  used  as  an  angle  of  attack  sensor.  The  differ¬ 
ence  in  pressure  between  the  upper  and  lower  ports  is  used  as  an  indica¬ 
tion  of  the  local  angle  of  attack. 

A  study  of  the  two-dimensional  pressure  distribution  across  a  10- 
degree  wedge  has  been  made,  with  the  results  presented  in  Fig.  9.  It 
can  be  seen  that  there  is  some  doubt  as  .o  the  predictability  of  the  pres¬ 
sure  coefficient  below  Mach  1. 2.  Whether  the  real  characteristic  is 
unique  and  repeatable  would  have  to  be  determined  empirically.  The 
sharp  leading  edge  of  the  wedge  causes  separation  of  flow  at  large  angles 
of  attack.  This  separation  might  cause  difficulty  in  getting  repeatable 
readings  and  also  might  cause  sudden  changes  in  pressure. 

A  wedge  with  a  larger  angle  would  most  likely  increase  the  angle  of 
attack  before  separation  occurs.  Another  disadvantage  would  be  that 
another  wedge  is  required  to  get  angle  of  yaw.  By  using  cones  or  spheres 
as  discussed  later  it  is  possible  to  measure  angle  of  attack  and  angle  of 
yaw  from  the  same  probe. 

A  practical  difficulty  with  the  wedge  method  is  that  the  leading  edge 
shape  and  surface  condition  must  be  maintained  in  spite  of  contact  with 
objects  in  flight  and  in  ground  handling. 

On  the  basis  of  present  information,  the  differential  pressure  across 
the  wedge  can  be  expressed  as 

&Pa  =  +  f3(al rj]  f5) 

Here  /,(#)•  f2  (#)»  f3  (ai)>  and  /„  (j3)  are  arbitrary  functions  to  be  deter¬ 
mined  by  experiment. 


a-L 


Equation  5  may  be  rewritten  as 

A  P„ 


9 {f  \(M) 


~  f2  (M)  f3  (aL) 


(6) 
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Fig.  9.  Pressure  distribution  across  10-degree  wedge  vs  Mach 
number 


The  mechanization  of  this  equation  is  presented  in  Fig.  10.  Here 
the  quotient  is  computed  in  a  mechanical  divider  which  calculates  the  re¬ 
sultant  angle  of  a  vector  addition.  An  operational  amplifier,  potentiom¬ 
eter  function  generators,  and  multipliers  are  used  to  compute 


qifi(M)  f%(/3) 


and  f2(M)  f3(<*L) . 


which  are  then  summed  in  am  operational  amplifier  to  obtain  aj, .  This 
signal  is  fed  to  a  servo  which  drives  one  of  the  function  potentiometers 
and  also  provides  an  input  to  the  correction  computer,  which  computes 
the  true  angle  of  attack.  This  computer  is  discussed  in  pp.  108  ff.  An¬ 
other  wedge  at  90  degrees  (about  the  J-axis)  to  the  first  is  used  to  obtain 
A  As  is  used  only  in  a  correction  term,  it  docs  not  have  to  be  known 

as  accurately  as  a  and  therefore  the  ratio- - ;  as  computed  by  variable 

‘ji 

feedback  around  an  operational  amplifier,  is  used  instead  of  P. 


Spencer  System 

This  system  utilizes  two  pressure  orifices,  one  on  the  upper  surface 
and  one  on  the  lower  surface  of  a  wing  leading  edge.  Angle  of  attack  is 
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given  by  the  following  formula,  where  the  pressures  are  obtained 
from  the  locations  shown  below: 

p  _  p 

f,  f2  (M)  +  f3  (M) 


Here  ft,f2  ,  and  f3  are  functions  to  be  determined  from  flight  test. 

This  angle  of  attack  system  is  the  result  of  several  years  of  devel¬ 
opment.  When  originally  conceived,  it  was  proposed  to  use  the  position 
of  the  stagnation  point  on  the  wing  leading  edge  as  an  indication  of  angle 
of  attack.  Later  it  was  decided  to  measure  the  point  of  minimum  pres¬ 
sure  on  the  upper  surface.  After  experimentation,  a  system  similar  to 
the  present  one  but  using  static  instead  of  total  pressure  was  constructed 
and  tested.  The  results  of  the  test  were  not  conclusive  because  the  rel¬ 
atively  large  size  of  the  model  caused  excessive  distortion  of  the  tunnel 
flow. 


The  Spencer  system  is  basically  a  wing  sensor  in  which  the  ratio 
of  pressures  at  the  upper  and  lower  orifices,  rather  than  their  difference 
is  used  to  compute  the  angle  of  attack.  The  principle  of  calculation  of 
angle  of  attack  from  a  pressure  ratio  rather  than  a  pressure  difference 
can  be  applied  to  the  other  pressure  sensors  discussed.  Figures  11  and 
12  present  wind  tunnel  data  on  this  subject.  Figure  11  is  based  on  data 
obtained  from  Ref.  98,  which  presents  the  results  of  NACA  wind  tunnel 
tests  made  to  determine  the  chordwise  pressure  distributions  on  a  wing. 
(These  data  are  also  used  by  Spencer  in  Ref.  85.)  Figure  12  is  based  on 
data  obtained  by  NAA.  on  tests  of  a  cone  pressure  sensor.  These  figures 

P  0  -  PI  PL  ~PU 

present  the  pressure  ratios  _  p  and  ^  vs.  angle  of  attack.  The 
curves  show  that  the  angle  of  attack  is  a  nonlinear  function  of  the  pres¬ 
sure  ratic  but  is  a  linear  function  of  the  pressure  difference. 
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A  possible  advantage  of  the  Spencer  system  is  that  the  final  equation 
for  obtaining  angle  of  attack  from  the  pressure  information  may  be  sim¬ 
pler.  Since  both  wing  pressure  distribution  and  wing  induced  velocity  are 
caused  by  the  wing  traveling  through  the  air,  it  is  not  necessary  to  cor¬ 
rect  for  local  flow  due  to  the  wing.  However,  it  is  necessary  to  correct 
for  local  flow  due  to  the  presence  of  the  fuselage.  Because  of  the  lack  of 
information  over  a  wider  speed  range,  it  is  not  possible  to  tell  whether 
there  is  any  simplification.  An  advantage  (Ref.  85)  of  using  a  wing  sec¬ 
tion  is  that  it  is  not  necessary  to  mount  the  sensor  on  a  boom.  However, 
the  advantage  of  eliminating  a  boom  for  mounting  a  sensor  is  not  realized 
because  a  boom  is  still  needed  for  Pt  and  P$  information  to  compute  Mach 
number  for  the  Mach  number  corrections. 

A  Cornell  Aeronautical  Laboratory  study  (Ref.  27)  mentions  using 
the  wing  leading  edge  for  a  differential  pressure  source.  It  indicates  that 
a  greater  differential  pressure  can  be  obtained  by  this  approach.  It  also 
mentions  the  disadvantage  that  if  the  wing  surface  in  the  area  of  the  sensor 
is  dented,  the  calibration  will  change.  The  pressure  ports  on  the  wing 
also  suffer  from  yaw  effects,  which  must  be  corrected  by  a  computer. 

For  uSe  on  present  and  future  supersonic  fighters  this  system  has 
disadvantages.  Location  on  the  wing  means  that  the  pressure  measure¬ 
ments  are  subject  to  discontinuities  due  to  shock  waves  from  parts  of  the 
plane  ahead  of  the  swept  wings.  Also,  whenever  wing  flaps,  slots,  or 
boundary  layer  control  are  used,  the  equation  for  computing  angle  of  at¬ 
tack  must  be  changed.  In  general,  if  part  of  the  plane  is  to  be  used  as  a 
differential  pressure  sensor,*  some  section  that  has  less  interference, 
such  as  the  nose  section,  is  desirable. 


The  mechanization  of  the  Spencer  system  is  presented  in  Fig.  13. 
pa  ~  pt 

Here  the  quotient  ^  is  computed  in  a  mechanical  divider,  which  is 


discussed  in  the  section  on  computers.  Function  potentiometers  and  an 
operational  amplifier  are  used  to  compute  the  local  angle  of  attack,  which 
is  then  fed  to  the  correction  computer  to  provide  true  angle  of  attack. 

This  correction  computer  is  more  complex  than  that  discussed  on  p.  108 
because  it  must  compensate  for  shock  waves  crossing  the  wing.  It  should 
be  pointed  out  that  the  computer  requires  major  change  in  mechanization 
for  application  to  each  different  type  of  airplane. 


Nose  Location  of  Pressure  Ports 


The  nose  location  of  pressure  ports  offers  some  advantage  for  super¬ 
sonic  aircraft.  For  present  and  future  supersonic  or  transonic  planes 
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radar  is  definitely  needed  to  assist  the  pilot  in  or  to  take  over  completely 
the  task  of  sighting  and  tracking  the  enemy.  Even  noncombat  planes  are 
beginning  to  use  radar  for  location  of  obstacles  in  the  flight  path. 

A  nose  location  of  radar  is  common  in  most  planes.  A  pointed  nose 
is  also:  necessary  for  the  reasons  discussed  on  p.  15.  Also  discussed  in 
this  section  is  the  fact  that  the  nose  on  these  planes  is  most  free  from 
local  velocity  disturbances  subsonically,  and  supersonically  the  only  local 
disturbances  encountered  are  those  due  to  the  nose.  In  the  event  a  sensor 
on  a  short  nose  boom  is  not  feasible,  pressure  ports  on  the  tip  of  the  nose 
are  a  good  possibility. 

The  tip  of  the  nose  is  sufficiently  small  in  cross  section  that  little 
trouble  is  expected  in  making  a  surface  of  the  required  shape  and  uniform¬ 
ity  on  production  planes.  The  tip  of  the  nose  could  be  a  cone,  hemisphere, 
or  similar  shape.  The  characteristics  of  such  a  nose  sensor  are  similar 
to  those  of  a  yaw-pitch  pitot  tube,  which  is  discussed  next.  The  tubing  to 
the  ports  in  the  nose  would  be  of  a  material  that  would  not  affect  the  radar 
pattern. 

Yaw-pitch  Pitot  Tube 

This  is  a  tube  with  a  symmetrical  head,  such  as  a  hemisphere  or 
cone,  wSth  pressure  ports  on  the  surface  to  obtain  total  pressure  and  dif¬ 
ferential  pressure  information  as  functions  of  angle  of  attack.  The  ports 
are  located  as  illustrated. 


fit*) 

f2(M) 
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The  functions  /,  and  must  be  determined  from  accurate  wind 
tunnel  tests  on  a  particular  probe  shape  through  the  range  of  variables. 
Cornell  Aeronautical  Laboratory,  Inc.  ,  has  done  considerable  work  on 
this  tube  and  much  of  what  is  reported  here  is  from  its  work  (Ref.  28). 

On  the  basis  of  present  information  some  generalizations  can  be 
made  for  the  functions  /,  and  /a  .  First,  it  is  assumed  that  the  sur¬ 
face  is  symmetrical  and  that  the  holes  are  located  accurately  and  sym¬ 
metrically  and  within  such  production  tolerances  that  a  may  be  consist¬ 
ently  computed  within  0.  1  degree.  The  data  given  by  Cornell  presenting 
A Pa  A Pfi 

— —  and  — —  vs.  a  and  /3  show  no  symmetry  for  positive  and  negative 

values  of  a  and/3.  This  indicates  that  some  care  is  required  in  machining 
the  probe  and/or  recording  the  pressure  data.  How  accurate  machining 
should  be  has  not  yet  been  determined.  In  order  to  avoid  making  a  spe¬ 
cific  correction  computer  for  a  specific  probe,  it  would  be  desirable  to 
have  all  probes  made  perfectly  symmetrical. 


At  a  fixed  Mach  number  and  a  zero  angle  of  yaw  it  can  be  stated 
APa 

that  a  =t - over  some  range  of  a  ,  where  l  is  a  constant.  From  the  in- 

<7* 

formation  so  far  obtained  for  0.  1 -degree  accuracy,  the  range  of  a  is  from 
0  to  10  or  15  degrees.  The  variation  from  nonlinearity  is  a  second-order 

effect.  As  /3  is  varied  from  zero  with  a  constant,  the  value  of  varies. 


This  is  a  second-order  effect  for  the  range  of  yaw  angle  at  which  an  air¬ 
plane  would  fly,  say,  ±10  degrees.  The  Mach  number  effect  is  a  first- 
order  effect.  The  main  result  is  to  change  the  value  of  K.  which  ranges 
from  11.1  at  subsonic  speeds  to  28.  6  at  around  M  =  2.  0. 


Cornell  made  wind  tunnel  tests  on  cones  of  various  cone  angles 
(30,  40,  and  50  degrees)  and  hemispheres  with  holes  located  at  angles  of 
30  and  45  degrees  to  find  out  how  linearity  and  sensitivity  varied  with  the 
various  configurations.  They  found  that  the  hemispherical  probe  with 
holes  at  45  degrees  gave  the  best  sensitivity.  The  linearity  with  a  was 
about  the  same  for  all  configurations.  Cones  required  the  least  Mach 
number  correction. 


The  yaw-pitch  pitot  tube  and  other  differential  pressure  sensors  re¬ 
quire  a  pressure  transducer  having  high  sensitivity  over  a  wide  range  of 
pressure.  A  study  of  pressure  transducers  that  would  work  over  such  a 
range  is  reported  in  the  chapter  entitled  "Components.  " 
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TRANSDUCER 


of  yau>  pitch  pitot  lobe  ang le  of  attack 


1 

The  mechanization  of  the  equation  for  local  angle  of  attack  is  pre- 

sented  in  Fig.  14.  Here  the  quotient  ~  is  computed  in  a  mechanical 
A  Pfi 

divider.  Since  ~q^~  is  used  in  a  correction  term,  it  can  be  computed  with 
less  accuracy,  and  this  calculation  is  made  by  variable  feedback  around 
an  operational  amplifier.  Function  potentiometers  and  an  operational 
amplifier  are  used  to  compute  the  local  angle  of  attack,  which  is  then  fed 
into  the  correction  computer  to  obtain  the  true  angle  of  attack.  The  cor¬ 
rection  computer  is  discussed  on  p.  108. 

By  a  slight  modification  of  the  mechanization  (Fig.  15),  the  same 


of  the  calculation  of  the  true  angle  of  attack  is  also  the  same  as  in  the 
mechanization  of  Fig.  14.  The  calculation  of  the  true  angle  of  yaw  is 
done  similarly,  but  no  correction  computer  is  required,  as  the  relation¬ 
ship  between  the  true  angle  of  yaw  and  the  local  angle  of  yaw  is  quite 
simple  and  can  easily  be  handled  by  the  choice  of  scale  factors.  True 
angle  of  yaw  is  given  by 

/3  =  IxH  +  Ki  (9) 

In  general,  the  yaw -pitch  pitot  tube  shows  promise  of  being  a  suc¬ 
cessful  device  for  measuring  angle  of  attack.  The  sensor  itself  can  be 
built  to  withstand  extremes  of  environment  during  flight.  During  ground 
maintenance,  however,  precautions  must  be  taken,  as  with  present  pitot- 
static  tubes,  to  keep  the  tube  from  being  bent  or  the  hemispherical  or 
conical  surface  from  being  disfigured. 

This  system  does  require  an  accurate  computer  to  compute  local 
and  free -stream  angle  of  attack  from  the  pressure  information.  The  part 

A/> 

of  the  computer  that  measures  pressures  and  divides  ~q~^  is  the  most 

critical.  As  many  computations  for  nonlinearities  and  a-/3  coupling  can 
be  made  as  necessary  to  achieve  the  desired  accuracy,  the  limitation  be¬ 
ing  that  the  computer  becomes  increasingly  complex  as  more  corrections 
are  required.  The  computer  and  pressure  transducers  can  be  installed 
in  a  suitable  environment  in  the  plane.  Present  experience  indicates 
that  a  computer  could  be  built  to  give  the  desired  accuracy. 
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Dual  Sensors 

The  angle  of  attack  detector  utilizing  dual  pressure  sensors  is  com¬ 
posed  of  two  similar  sensors:  one  mounted  with  its  center  line  at  an 
angle  *  ,  with  the  airplane  reference  line  and  the  other  mounted  with  its 
center  line  at  an  angle  *  2  with  the  reference  line.  Figure  16  presents  a 
dual  cone  system;  however,  the  sensors  may  be  wedges,  cones,  or  pitot 
tubes  as  long  as  both  sensors  are  identical.  For  any  of  these  sensors  the 
differential  pressure  between  the  upper  and  lower  ports  is  given  by  an 
equation  of  the  form 

A  P  =  qiaLf(M,  /3)  (10) 
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For  sensors  1  and  2, 


Therefore 


aL 

aj 


=  a£  +  t, 

=  ajr,  +  ii 

AP,.,  =  haif(K>  @ 
AP5_,  =  <7 $ 


AP 


,_a  ~APS_*  =  U|  ~  »!>  & 


(ID 


and 


AP,-. 


°-L  +  ii 


(12) 


AP,_j  “APS_,  i,-»a 


Solving  for  aL  gives 


APj- 


AP,_a“  ^s-e 


-  (i  ,  ~  i,)  -  * 


If  the  sensors  are  rigged  with  ia  =  0, 


AP  »_» 


(13) 


=  t 


'  AP  ,_2  -  A P5„, 


(14) 


ThU  system  is  seli-calibra.ing  since  effect,  of  dynamic  pressure.  Mach 
number,  and  yaw  angle  are  cancelled. 

_  fv,at  mav  cause  difficulties  with  this  system  is  that  sub¬ 
sonic  allT the  flow  fields  around  theconesinterfere  with  one 

—  -tsrectth-^^^  -  if 

a  cone  or  a  hemisphere  can  be  found  that  satisfies  the  equa„™ 
a  =  [£LfM.  /3)  ,  Where  K  is  constant  for  a  given  M  and  fi  for  a 

,  q\  a  M  and  A  in  the  flight  envelope,  then  the  advantage  of  the  sys- 
mmU  realized an  The  above  mist  also  remain  true  of  one  cone  when 
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mounted  near  the  other  cone.  NAA  has  made  wind  tunnel  tests  of  two  45- 
degree  cones  mounted  as  shown  in  Fig.  17,  A.  When  these  cones  were 
tested  it  was  found  that  they  were  separated  by  the  yaw  angles  shown  in 
Fig.  17,  A  and  in  angle  of  attack  by  45  minutes  of  arc. 

These  tests  were  made  to  demonstrate  the  above  principle.  The 
idea  was  to  use  A?3-i»  -  A Py-%  as  the  reference  differential  pressure,  as 

was  done  with  AP,_a  -  A P5_,  in  Eq.  14;  knowing  this,  one  can  get  aL  and 
from  the  following  equations: 

AP  |  _  2 

a*  =  TFT  4025'  (15) 

AP,., 

/3l  =  -  2°55'  (16) 

where 

A^j?  ~  (AP,.,  -AP,.,) 

In  the  tests  it  appeared  that  the  induced  flow  of  the  airfoil -shaped 
supporting  structure  caused  some  changes  in  slope  of  the  curves.  It  was 
also  found  that  the  reference  differential  pressure  changed  with  the  angles 
of  attack  and  yaw.  This  could  be  due  to  the  probes  being  misalined  45 
minutes  of  arc  in  angle  of  attack  in  addition  to  angle  of  yaw,  causing  un¬ 
wanted  coupling  effect.  In  general,  it  is  important  that  both  cones  have 
the  same  characteristics  within  the  0.  1 -degree  tolerance  and  be  alined 
with  one  another  within  the  0.  1 -degree  tolerance.  Further  tests  will  have 
to  be  made  to  determine  the  feasibility  of  this  system.  Care  will  have  to 
be  taken  to  maintain  the  physical  dimensions  of  this  probe  in  field  use. 

The  mechanization  of  this  system  is  presented  in  Fig.  17,  B.  Be¬ 
cause  of  its  self-calibrating  feature,  this  mechanization  is  considerably 
simpler  than  that  of  other  systems.  It  consists  of  a  mechanical  force- 
balance  divider  which  computes  the  local  angle  of  attack  directly.  The 
output  of  this  divider  is  fed  to  the  correction  computer,  which  is  discussed 
in  pp.  108  ff. 

Yaw-pitch  Pitot  Tube  with  Dual  Differential  Pressure  Ports 

Many  advantages  result  from  applying  the  principle  of  the  dual  pres¬ 
sure  sensors  to  the  head  of  a  yaw-pitch  pitot  tube.  Two  pairs  of  pressure 
ports  are  located  on  the  head  of  a  yaw-pitch  pitot  tube  as  shown  in  Fig.  18,  A. 
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Similar  equations  can  be  developed  for  the  pairs  of  pressure  ports,  as 
for  the  two  cones: 


6 


AP,_,  =  [cll  +2  IqiffM)  f(/3) 


(17) 


A  P. 


3-H 


■  (rD 


)qif(M)  f(fi) 

r  * 

Combining  the  equations  to  solve  for  aL  gives 


(18) 


ap,_2  -af3.„ 


e 

e*T 


(19) 


In  developing  Eq.  19  several  assumptions  have  been  made: 

1.  The  variation  of  A P  with  the  angle  between  the  velocity  vector 
and  the  line  bisecting  the  angle  between  a  pair  of  differential  pres¬ 
sure  orifices  1  and  2  or  3  and  4  is  the  same  whether  aL  or  the  loca¬ 
tions  of  the  pair  of  orifices  are  varied  relative  to  the  pitot  tube  axis, 

2.  Item  1  holds  true  for  angle  of  attack  measurement  when  the  tube 
is  at  small  angles  of  yaw. 

3.  The  relations  in  items  1  and  2  are  linear  under  all  flight  con¬ 
ditions. 

4.  The  holes  do  not  interfere  with  the  pressure  distribution  over 
the  surface. 

The  validity  of  items  1  and  2  can  be  estimated  by  considering  the 
hemisphere  to  be  replaced  by  a  perfect  sphere.  It  can  then  be  seen  that 
they  are  true.  In  practice  it  is  necessary  to  support  the  sphere  by  a  boom 
attached  to  the  rear  of  the  sphere  (Fig.  18,  B).  The  presence  of  this  boom 
slightly  invalidates  items  1  and  2,  and  the  error  becomes  greater  as  the 
angle  of  attack  relative  to  the  axis  of  the  boom  is  increased.  The  error 
also  depends  on  the  size  of  the  boom  relative  to  the  sphere.  The  effect 
of  the  boom  is  reduced  as  the  boom  diameter  is  decreased.  However,  the 
minimum  allowable  diameter  of  the  boom  is  dictated  by  the  stress  in  the 
boom  and  by  the  space  required  for  pressure  lines. 

The  linear  relation  of  item  3  is  expected  to  be  valid  for  an  angle  of 
attack  of  ±10  degrees  about  the  boom  center  line.  This  statement  is 
based  on  wind  tunnel  tests  of  Ref.  28  and  45.  Reference  28  gives  data  for 
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a  yaw-pitch  pitot  tube  at  Mach  0.  35,  0.  6,  and  1. 70.  Reference  45  gives 
data  at  Mach  1. 71  for  a  hemisphere  attached  to  a  tube  one-third  the  di- 

A  P 

ameter  of  the  hemisphere.  These  data  show  to  be  a  linear  function  of 
angle  of  attack  within  i0.  1  degree. 

Item  4  is  valid  if  the  holes  are  small  relative  to  the  diameter  of  the 
sphere.  The  limitation  on  the  smallness  of  the  holes  is  their  suscepti¬ 
bility  to  getting  clogged  with  dirt. 

The  above  statements  have  been  general.  To  evaluate  these  as¬ 
sumptions,  wind  tunnel  tests  on  probes  through  the  range  of  flight  param¬ 
eters,  varying  the  ratio  of  sphere  to  boom  diameter  and  also  the  angular 
locations  (e.  g.  ,  X  and  6  in  Fig.  18,  A)  and  the  sizes  of  the  portj  are  re¬ 
quired.  For  measuring  yaw  another  two  pairs  of  holes  can  be  used.  It 
also  may  be  possible  to  use  only  one  pair  of  holes  for  yaw  and  to  use  the 
denominator  in  Eq.  19  as  the  reference  differential  pressure  for  com¬ 
puting  angle  of  yaw.  This  requires  that  the  slope  of  the  curve  of  AP  vs. 
aL  remain  the  same  when  the  sphere  is  in  yaw.  Present  information  in 
Ref.  28  indicates  that  this  is  not  true.  Therefore  another  set  of  dual 
pressure  orifices  will  probably  be  needed  for  yaw. 

The  necking  down  of  the  tube  in  Fig.  18,  B  influences  the  pressure  at 
static  pressure  orifices,  if  they  are  located  on  this  tube.  Because  static 
pressure  must  be  corrected  anyway  for  supersonic  flight,  this  should  not 
be  too  serious  a  problem. 

The  mechanization  for  this  system  will  be  the  same  as  that  for  the 
dual  cone  pressure  sensors.  One  computer  each  (Fig.  17,  B)  is  needed  for 
a£  and  / 3l  .  This  system,  when  used  with  a  computer  as  shown,  should 
prove  to  be  simpler  than  the  yaw-pitch  pitot  tube.  It  does  not  have  the 
disadvantageous  interference  effects  and  large  size  of  the  dual  cone  sen¬ 
sors.  But,  in  common  with  the  yaw-pitch  pitot  tube,  it  requires  accurate 
machining  of  the  sphere  and  accurate  location  of  the  pressure  orifices. 

Null- seeking  Differential  Pressure  Sensor 

As  the  study  of  the  differential  pressure  angle  of  attack  sensor  has 
progressed  it  has  become  apparent  that  the  sensor  used  must  accurately 
measure  a  wide  range  of  pressures.  It  is  also  necessary  to  perform 
some  computing  operations  to  get  the  local  angle  of  attack  from  the  pres¬ 
sure  information.  A  null- seeking  differential  pressure  sensor  eliminates 
the  need  for  a  computer  to  get  local  angle  of  attack  and  eliminates  the  need 
for  a  wide-range  pressure  transducer. 
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A  null-seeking  sensor  has  an  external  moving  part,  and  for  this 
reason  does  not  meet  the  contractual  requirements.  However,  the  ad¬ 
vantages  of  simplification  offer  the  possibility  of  meeting  other  contrac¬ 
tual  requirements  better  than  by  "fixed'1  sensors.  For  this  reason  it  was 
thought  worth  while  to  look  into  the  possibility  of  making  a  null -seeking 
sensor  with  comparable  external  ruggedness. 

A  schematic  of  this  system  is  shown  in  Fig.  19,  arid  in  Fig.  20  a 
drawing  of  a  possible  mechanism  which  could  be  mounted  on  the  end  of  a 
short  boom.  This  consists  of  a  conical  surface  with  two  pressure  ports 
near  the  apex  to  provide  the  differential  pressure  information.  These 
ports  are  connected  to  a  differential  pressure  sensor,  •  which  gives  an  er¬ 
ror  signal.  This  signal  is  amplified  and  used  to  operate  an  actuator, 
which  rotates  the  cone  in  such  a  direction  that  pressures  at  the  two  ports 
are  equal.  Thus  the  cone  is  always  alined  to  the  local  free  stream.  A 
motion  transducer  is  connected  to  the  cone  to  convert  the  angular  rotation 
into  an  electrical  output  signal. 


A  discussion  of  the  various  components  in  this  system  indicates 
which  are  critical.  The  particular  shape  from  which  the  pressure  infor¬ 
mation  is  obtained  is  not  critical.  It  is  important  that  the  angles  of  in¬ 
cidence  of  the  free  stream  on  the  ports  for  zero  differential  pressure  re¬ 
main  constant  as  angle  of  attack  and  flight  parameters  are  changed  rela¬ 
tive  to  the  airplane  or  boom.  It  is  also  important  that  the  sensitivity, 
d  (  A  P  \ 

^  q.  )  ,  be  as  large  as  possible.  Some  wind  tunnel  testing  may  be 

da 


required  to  find  such  a  surface;  however,  it  does  seem  reasonable  that  if 
the  movable  pressure  ports  are  far  enough  forward  of  the  fixed  boom,  the 
differential  pressure  is  not  affected  by  the  angular  position  of  the  moving 
head  or  pressure  ports.  The  actual  shape  is  not  important  since  A P  is 
not  required  to  be  linear  with  respect  to  the  angle  between  the  movable 
head  and  the  velocity  vector.  One  possible  shape  is  shown  in  Fig.  21. 


Wind  tunnel  tests  were  made  by  NAA  on  a  probe  made  by  soldering 
four  tubes  together  and  cutting  the  ends  off  at  45  degrees  (Fig.  21).  This 
device  had  a  sensitivity  greater  than  a  hemispherical  sensor.  The  A P 
ports  are  far  enough  forward  that  the  boom  interference  is  negligible. 

But  there  is  a  limit  to  how  far  forward  the  Aj°  ports  can  be  placed.  As 
the  weight  and  surface  area  ahead  of  the  pivot  point  are  increase  i,  the 
loads  on  the  servo  are  increased,  as  are  the  acceleration  effects. 
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Fig.  21.  Possible  external  configuration  of  null-seeking  angle  oj 
attack  sensor 


The  next  problem  is  to  determine  the  angle  between  the  movable 
head  and  the  velocity  vector  when  A P  is  zero.  Here  the  same  problem  is 
encountered  as  in  the  yaw-pitch  pitot  tube.  All  movable  heads  could  be 
built  symmetrical  so  that  they  would  all  have  AP  =  0  at  this  same  angle.  Or, 
more  desirably,  they  could  be  manufactured  with  little  regard  to  dimen¬ 
sional  equality,  but  calibrated  with  an  air  stream  to  find  the  angle  for 
zero  A P.  This  angle  would  remain  constant  with  variations  in  flight  par¬ 
ameters  and  could  be  set  into  each  computer  as  a  fixed  adjustment. 

The  angular  motion  of  the  head  must  be  translated  accurately  into 
an  electrical  signal.  Figure  20  is  shown  to  illustrate  the  relative  com¬ 
plexity  of  the  mechanism  and  is  not  necessarily  an  optimum  design.  The 
sketch  shown  is  for  measuring  angles  of  attack  and  yaw.  The  connecting 
mechanism  from  the  head  to  a  motion  transducer,  such  as  a  potentiom¬ 
eter,  should  give  a  constant  relationship  between  the  head  angle  and  the 
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motion  transducer  angle,  in  spite  of  temperature  variations.  The  rela¬ 
tionship  need  not  be  linear;  a  potentiometer  could  be  wound  to  take  care 
of  nonlinearities. 

Whatever  relationship  is  used,  it  must  be  similar  for  all  production 
probes.  The  zero  setting  could  be  determined  by  one  flight  test  on  each 
instrument.  This  would  take  care  of  all  the  system  zero  errors,  and  the 
correction  would  be  the  same  for  all  other  flight  conditions. 

In  Fig.  21  provision  is  made  for  a  total  pressure  port  on  the  mov¬ 
able  head.  The  static  pressure  ports  can  be  located  on  the  total  pres¬ 
sure  tube  (Fig.  21)  if  this  tube  is  long  enough  to  provide  static  pressure 
at  the  static  pressure  ports  with  sufficient  accuracy.  This  would  make 
both  total  and  static  pressures  independent  of  angle  of  attack. 

Work  has  been  done  by  other  investigators  on  null-seeking  differ¬ 
ential  pressure  angle  of  attack  transducers.  One  of  the  earliest  investi¬ 
gators  was  the  Cornell  Aeronautical  Laboratory  (Ref.  28)  which  used  a 
movable  cone  on  the  end  of  a  boom  to  sense  differential  pressure.  It  was 
found  that  as  the  angle  of  the  air  flow  relative  to  the  supporting  boom  was 
changed,  the  angle  of  zero  differential  pressure  between  the  orifices 
changed.  Thus  the  angular  position  of  the  cone  was  not  the  local  air 
stream  angle.  This  fact  was  thought  to  be  due  to  the  flow  interference  of 
the  boom.  By  reducing  the  diameter  of  the  bof~m  behind  the  cone  to  1/2 
the  base  diameter  of  the  cone,  this  effect  was  reduced.  However,  it  then 
became  difficult  to  design  a  mechanism  for  servoing  the  cone.  For  this 
reason  further  work  on  this  system  was  abandoned  by  Cornell.  As  stated 
above,  it  is  believed  that  this  effect  can  be  eliminated  by  mounting  the  A P 
ports  sufficiently  forward  of  the  fixed  boom. 

The  Flight  Test  Division  of  the  Air  Materiel  Command  (Ref.  12) 
built  and  tested  a  null  pressure  device  using  an  ellipsoidal  surface  as  the 
movable  head.  The  data  show  some  scattering  of  points,  mainly  because 
of  worn  gears  in  the  drive  mechanism.  A  good  design  should  alleviate 
this  problem. 

Specialties,  Inc.  ,  (Ref.  58)  manufactures  a  null-seeking  probe 
(Fig.  22)  with  a  cylinder  projecting  from  the  side  of  the  fuselage.  This 
cylinder  has  two  slots  which  sense  the  differential  pressure.  The  pres¬ 
sure  is  used  to  rotate  an  enclosed  vane,  which,  in  turn,  rotates  the  cyl¬ 
inder  slots  to  a  null  position.  This  device  senses  local  angle  of  attack  to 
0.  2  degree  at  speeds  between  200  and  300  knots  and  to  a  greater  accuracy 
at  higher  speeds.  Flight  tests  indicate  that  it  works  satisfactorily. 


WADC  TR  54-267 


-  39  - 


There  is  one  difficulty  in  making  this  a  rugged  instrument.  The 
movable  cylinder  must  be  mounted  to  move  as  freely  as  possible  so  as  to 
have  good  sensitivity.  This  requirement  makes  it  difficult  to  make  a  good 
seal  around  the  moving  cylinder  to  keep  out  dust  and  moisture. 

The  Young  Instrument  Company  (Ref.  46  and  104)  has  made  a  suc¬ 
cessful  null-pressure  instrument  using  a  movable  head  and  a  pressure 
sensor  that  responds  to  0.  002  in.  of  water  pressure.  This  ensures  0.  1 
degree  accuracy  at  "very  low  subsonic"  speeds.  The  pressure  sensor 
gives  an  on-off  signal  which  is  amplified  and  drives  a  positioning  solenoid 
With  this  type  of  servo  the  system  vibrates  at  100  to  200  cps  at  null,  with 
an  amplitude  less  than  0.  1  degree.  The  company  also  makes  a  dual  unit 
with  the  head  mounted  on  gimbals  so  as  to  measure  angles  of  attack  and 
yaw  and  another  unit  with  a  pitot-static  tube  attached  to  the  head.  This 
instrument  is  said  to  have  been  flown  at  Mach  0.  75  and  should  work  at 
higher  speeds.  It  is  also  said  to  have  operated  satisfactorily  from  -38  F 
to  180  F. 

It  is  felt  that  the  main  problems  in  using  a  null  sensor  to  satisfy  the 
contract  requirements  lie  in  the  design  of  the  mechanism  to  operate  with 
the  following  restrictions: 

1.  The  mechanism  for  moving  the  differential  pressure  head  and 
measuring  the  angular  travel  must  be  enclosed  in  a  cylinder  of  2  in. 
to  3  in.  in  diameter.  This  is  to  make  the  system  suitable  for  boom¬ 
mounting. 

2.  It  should  be  able  to  withstand  rough  handling  by  maintenance 
crews,  and  the  head  should  be  able  to  move  against  aerodynamic 
forces  and  friction  due  to  protective  seals  around  the  shaft  bearings. 

3.  It  should  be  able  to  withstand  changes  in  external  environment 
from,  say,  -60  F  where  icing  would  occur,  to  540  F,  which  is  the 
approximate  skin  temperature  at  Mach  3.  0. 

Items  1  and  2  require  a  design  study  to  set  up  strength  requirements 
and  to  see  what  types  of  mechanisms  qualify.  The  Young  instrument  is 
a  very  compact  design  and  illustrates  what  can  be  done. 

To  reduce  the  limit  of  temperature  under  which  the  mechanism 
operates  requires  temperature  control.  In  other  instruments  heating 
wires  have  been  installed  in  the  head  to  prevent  icing.  However,  none 
have  encountered  the  problem  of  high  skin  temperatures.  Some  cooling 
seems  a  necessity  for  the  mechanism  for  flight  at  Mach  3.  0  for  any  length 
of  time.  It  can  also  be  assumed  that  any  plane  flying  at  this  speed  for  any 
length  of  time  needs  some  cooling  for  other  avionics  equipment  and  per¬ 
haps  needs  cooling  for  structural  and  aerodynamic  reasons  also.  There¬ 
fore  some  small  fraction  of  the  airplane  cooling  system  could  be  used  for 
cooling  the  equipment  in  the  boom. 
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An  estimate  was  made  of  the  amount  of  cooling  required  to  see  if 
any  difficulty  would  be  encountered  in  getting  sufficient  coolant  through 
the  boom.  The  estimate  was  made  of  the  coolant  rate  with  air  as  a  cool¬ 
ant.  It  was  assumed  that  the  skin  had  a  1/8  in.  thickness  of  asbestos  to 
insulate  the  inside  from  the  outside  skin  temperature.  The  dimensions 
of  the  cooled  enclosure  and  skin  area  available  for  heat  transfer  are  as 
shown  in  Fig.  21;  air  coolant  rate  is  assumed  as  3  cu  ft/ sec  at  an  average 
temperature  of  140  F  and  at  14.  7  psi. 

The  calculation  shows  that  900  Btu/hr  is  the  heat  transfer  rate. 
Assuming  the  air  occupies  one -third  of  the  area  inside  the  tube,  the 
velocity  would  be  50  fps,  with  temperature  rise  of  54  degrees  F.  A  cir¬ 
culating  liquid  could  be  the  cooling  medium.  It  is  also  possible  to  cool 
considerably  by  blowing  a  small  amount  of  air  over  the  outer  surface. 

This  alters  the  boundary  layer  so  as  to  reduce  the  skin  temperature  with 
a  minimum  amount  of  cooling  air.  The  method  employed  to  cool  depends 
mainly  on"  what  is  available  in  the  plane.  The  above  values  are  of  the 
nature  of  a  preliminary  estimate;  however,  they  do  show  that  a  reasonable 
coolant  rate  can  keep  the  mechanism  at  a  reasonable  temperature. 

It  should  be  mentioned  that  this  heating  and  cooling  require  some 
control.  However,  this  control  should  be  simple,  as  extreme  accuracy 
is  not  important.  If  such  a  device  can  be  designed  to  overcome  the  envi¬ 
ronmental  problems,  some  computer  simplification,  in,  comparison  with 
the  yaw-pitch  pitot  tube,  is  possible. 

FORCE-SENSITIVE  DEVICES 

Lift  Mechanization 


General 


A  system  which  has  been  used  with  considerable  success  in  fire  con¬ 
trol  in  present-day  operational  interceptor  aircraft  uses  the  mechanization 
of  the  lift  equation  of  the  airplane.  In  the  light  of  the  contract  requirement 
for  systems  having  "immovable  sensors  of  minimum  protuberance"  this 
system  warrants  close  examination,  because  it  requires  no  additional 
external  sensors. 

The  system  may  be  likened  to  a  vane  system  in  which  the  entire  air¬ 
plane  is  the  vane  sensor  and  the  forces  on  it  are  measured  by  inertial  and 
pressure-sensing  devices.  The  systems  developed  to  date  claim  accu¬ 
racies  of  the  order  of  0.25  degree  in  the  altitude  range  of  sea  level  to 
60,  000  ft  and  the  Mach  range  of  0.  3  to  1. 05.  However,  certain  refine¬ 
ments  which  take  into  account  small-order  effects  previously  neglected 
can  make  the  increased  accuracy  possibilities  attractive. 
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Basic  Theory  of  Operation 

A  standard  basic  textbook  on  aerodynamic  theory  (Ref\  19)  expresses 
the  lift  (L)  developed  by  an  airfoil  by  the  equation 

L  —  C^Sq 


Cr  = 


where  C ^  is  the  lift  coefficient.  5  is  the  area  of  the  lifting  surface,  and  q 
is  dynamic  pressure.  When  the  airplane  is  in  trimmed  flight,  the  vertical 
forces  must  balance;  hence  L  is  equal  to  weight  times  acceleration  (Vnz  ) 
and  Eq.  20  becomes 


Wnz  mnz 
Sq  Sq 


By  Ref.  19. 


dCL 

CL  =  — - (a  -  a  ) 

da 


where  -  is  the  slope  of  the  characteristic  lift  coefficient  plotted  as  a 

da 

function  of  attack  angle  (a)  and  a0  is  the  angle  of  zero  lift,  or  the  intercept 
of  lift  coefficient  when  the  attack  angle  is  zero.  Combining  Eq.  21  and 
Eq.  22  and  solving  for  a  gives 


In  Eq.  23,  Q,  is  a  shorter  notation  used  to  represent 


These  equations  are  valid  only  in  the  linear  region  of  the  curve  C,  vs.  a-  . 
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Figure  23  shows  a  typical  plot  of  lift  coefficient  vs.  attack  angle  at 
a  certain  Mach  number.  Similar  curves  are  usually  available  with  Mach 
number  the  parameter,  showing  that  the  slope  of  the  linear  section  and  the 
intercept  with  the  axis  vary  as  functions  of  Mach  number.  It  is  apparent, 
.therefore,  that  Eq.  23  is  basically  a  slope-intercept  form  of  equation  in 
which  the  slope  term  1  /CL  and  the  intercept  term  a„  vary  as  functions  of 
Mach  number.  As  stated ‘hbove,  trimmed  flight  is  assumed;  untrimmed 
flight  will  be  treated  later. 

It  is  impossible  to  measure  dynamic  pressure  directly  inflight.  Thi 
nearest  thing  to  this  quantity  is  impact  pressure,  called  <7t  and  related  to 
dynamic  pressure  by  the  equation 

<7t  =  q-fc(M)  (24) 

where  /  (H)  is  the  compressibility  factor  given  (Ref.  66)  by 

M1  M*  M * 

fe(M)  =  1  +T  +  40  +  _1600  +  •••  *  *  1 


M  *  1  (25) 
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The  quantity  qi  can  be  measured  directly,  as  it  is  the  differential  pres¬ 
sure  existing  between  the  stagnation  and  static  pressure  sources  of  an 
aircraft  airspeed  system.  Therefore,  if  Eq.  24  is  solved  for  q  and  the 
expression  obtained  substituted  into  Eq.  23,  we  can  write 

Vnz 

a  =  -  f.(M)  +  f2(M)  (26) 

Sq{ 

where  /,  (M)  -  fc  / CL  and  f2{M)  =  ao  for  any  Mach  number.  It  is  note¬ 
worthy  that  Eq.  23  may  be  reduced  to  practicability  by  use  of  the  expression 


=  ,0.7  M1 

Ps 

where  Ps  is  absolute  (static)  pressure.  Solving  for  q  and  substituting  in 
Eq.  23  gives 

Wnz 

a  =  —  f\(M)  +  f2  (M)  (27) 

where  /*  ( M )  =  1/0.  7  M2C, 

1  a 

This  form  is  less  desirable,  as  at  high  altitudes  the  quantity  p  in 
the  denominator  is  tending  toward  zero  and  is  therefore  more  difficult  to 
measure  than  i u  in  Eq.  26,  which  can  never  fall  below  a  certain  value  in 
trimmed  flight  at  ceiling.  An  additional  advantage  favors  Eq.  26  in  low- 
speed  flight  such  as  in  landing,  because  f  \(M)  is  essentially  constant,  in 
contrast  to  which  has  an  H 2  term  in  the  denominator  and  hence  in¬ 

creases  rapidly  at  low  Mach  numbers.  The  form  of  Eq.  26  will  be  as¬ 
sumed  hereafter. 

Effects  of  Aeroelasticity 


A  third  term  should  be  added  to  Eq.  26  to  account  for  torsional  de¬ 
flection  of  the  wings.  A  multitude  of  factors  contribute  to  this  term,  the 
composite  effect  being  as  high  as  10  percent  of  the  total  attack  angle  in 
some  extreme  cases  (e.  g.  ,  very  thin  wings  of  high  aspect  ratio).  The 
noteworthy  factors  are 

1.  Wing  camber 

2.  Differential  thermal  expansion  of  the  upper  and  lower  surfaces 
due  to  different  stagnation  temperatures 
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3.  Pitching  moments  at  certain  Mach  numbers  due  to  variation  in 
the  moment  coefficient  for  zero  lift 

4.  External  stores  weight  and  distribution 

5.  Movable  flow  modifiers,  such  as  spoilers  and 

6.  Variation  of  pitch  moment  with  lift  coefficient 

7.  Moment  due  to  weight  being  displaced  from  elastic  axis 

8.  Moment  due  to  center  of  pressure  being  displaced  from 
elastic  axis 

9.  Geometric  effect  of  wing,  such  as  with  crescent  or  gulled  wings 
for  which  there  may  be  a  drag-induced  twist 

10.  Acceleration  effect  due  to  changing  thrust,  extending  gear  or 
flaps,  executing  pull-ups,  etc. 

11.  Aeroelasticity 


flaps 

/3&J 


<dC, 


Several  of  these  contributing  factors  are  dependent  on  airframe  and  struc¬ 
tural  design  details  and  can  be  treated  only  generally.  Others,  while  not 
specifically  defined,  can  be  reduced  to  terms  of  cause.  Item  10  is  dy¬ 
namic  in  nature  and  not  of  concern  in  trimmed  flight.  In  any  general 
case  it  is  sufficiently  accurate  to  say  that  the  wing  torsional  effect  on  true 
attack  angle  is  a  function  of  wing  loading  and  Mach  number  and  may  be  ex  - 
pressed  as' 


at 


(28) 


More  explicitly,  it  is  probable  this  may  be  written,  and  with  sufficient 
accuracy,  as 


at 


1 1  Wnz 
S 


(29) 


since  within  the  elastic  limit  of  the  wing  the  torsional  deflection  is  pro¬ 
portional  to  wing  loading  and  functionally  related  to  Mach  number. 

In  one  application  where  the  wing  torsion  contribution  was  mecha¬ 
nized,  the  quantity  fz(M)  was  made  constant  and  the  total  effect  was  then 
proportional  to  wing  loading.  Suitable  accuracy  was  achieved.  Equation 
26  may  then  be  expanded  to 

Wyi  £  K  |  Wti  g 

a  =  - —  /,  tM)  +  f2(M)  +— -  f3(M)  (30) 

S<?i  S 
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1 


This  is  the  general  equation  for  a  lift  mechanization  of  an  airplane  in 
trimmed  flight  in  the  linear  region  of  the  lift  coefficient  vs.  attack  angle 
characteristic. 

c 

Consideration  of  Nonlinear  La  Characteristics 

For  some  critical  applications,  e.  g.  ,  air-to-air  missile  or  rocket 
fire  control  systems,  it  is  not  wise  to  limit  the  operation  to  the  linear 
region  of  the  lift  coefficient  vs.  attack  angle  characteristic.  Analysis  of 
the  nonlinear  region  adds  little  difficulty. 

Consider  the  curves  of  Fig.  24,  wherein  specific  flight  data  on  an 
F-86D  type  airplane  at  several  Mach  numbers  have  been  approximated 
using  the  equation 

CL  =  fa(M )  +  fb(M)a  -  fd(M)a2  (31) 

Equation  31  is  a  mathematical  approximation  of  Eq.  22,  in  which  the 
first  term,  fg(M),  is  the  zero  lift  effect  and  is  usually  very  near  zero. 

The  second  term,  /  (M)a,  represents  the  change  in  CL  per  unit  change  of 

a,  with  Mach  number  as  a  parameter  or  the  slope  of  the  characteristic. 
The  third  term,  fd  (M)a  ,  introduces  the  nonlinearity  required  to  shape 
the  curve  in  the  high  attack  angle  region,  with  Mach  number  a  parameter. 

Differentiation  of  Eq.  31  yields 

dCL 

—  =  fb(M)  ~2afd(M)  =  CL  (32) 

da  °  a 


Because  f  \(M)  in  Eq.  30  ie  fc  (M) /Cl  ,  we  can  substitute  Eq.  32  into 

*  a 

Eq.  30  to  obtain 


Wn  < 


fJM) 


KtWnz 


Sq i  \fb(M)  ~  Zaf  i(M)J 


+  f2(M)  +— - f3(M)  (33) 


Equation  33  may  be  reduced  to  the  form 


a 


Vnz  fc(M) 


Sgi  fb(M> 


1  - 


2 afd(M) 


fJM) 


KxVnz 

+  f2  (M)  + -  fz(M)  (34) 
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Cl- MM)  +  MM)®*fdlM)a* 

O  CALCULATED  POINTS 

CURVES  TAKEN  PROM  NA’90*I07A  FOR  29%  C« 


Fig.  24.  Square-law  approximation  to  trim  lift  coefficient, 
F -86  D  aircraft 


Using  the  approximation  1  +  x  »  1/1  -x,  which  is  acceptable  for  small  x, 

this  becomes 


Vnz  fc(M)  Vnzfc(M)  fd(M) 2a 


a  = 


Sqi  fb(M )  Sqifb(M)i 


+  (35) 


From  Eq.  35,  if  the  small-order  terms  are  all  neglected. 


Vng  fc(M) 

~Sql  fb(M 


(36) 


which  may  be  substituted  into  the  secor.l  term  of  Eq.  35  with  small  error 
to  derive 


a 


tog 

Sqi 


f,  (M) 


fd(M ) 

+  Za 


Kx  Vns 


(37) 


and,  finally, 


Vtx  ^  K  |  Vh\  g 

a  =  - -  /  /  (M)  +  fi(M)  + - —  f3(M)  +f*(M)aa  (38) 

Sqi  s 


where 


fl  (M) 


fc(H) 

fbM 


and  /  4  (M) 


2/d  (M) 

h  (M) 


Equations  30  and  38  are  seen  to  be  similar,  except  for  the  effects  of  the 
nonlinearity  of  Cia  in  the  first  and  fourth  terms  of  Eq.  38.  In- general, 
this  may  be  interpreted  as  saying  that  an  improved  computation  of  attack 
angle  may  be  expected  over  the  broad  range  of  Ci  if  an  additional  function 
of  Mach  number  and  an  a*term  are  introduced  into  the  mechanization. 

This  may  or  may  not  be  necessary,  depending  upon  the  tactical  operation 
expected  of  the  aircraft. 
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normal  to  <h.  d 

A.  accelerometer  tnount« '  f/.^eleration.  a.  e-P"-* 

of  ,h.  NACA  body  axle  •/•«">  «*»'” 

1,7 

pz  f*  .  ,  u  *  J 

_  _£.  cos  a  +  —  sin  a  +  ex@  +  e  **  1 

*2  ‘  m  * 

.  „  *  and  z  axes  are  given  by 

^tmamic  forces  along  the 

The  aerodynamic  iu  (4 q ) 

p  =  qS(Cr  cos  a  -  Cp) 

*  (41) 

p  =  -  ijSfCr  sin  a  +CL) 

.  *  C  the  coefficient  of  drag,  and  S  the 

u  .  C,  is  the  coefficient  of  thrust,  CD  the  n8>  ^  first  and 

where  cr  18  in  nurine  trimmed  flight  co  reduces 

area  o£  lifting  attitude  are  zero,  and  Eq. 

second  derivatives  of  the  a  P 

to 

F  Fx 

-  =  —  cos  a  +  e^-n  a 

* 


.  e  Ea  40  and  41  in  Eq.  42  yields 

Substitution  of  Eq. 


qS  n  ]  sin  a  -  —•  (Cf  sin  a  +  Cj)  cos  a 

a  -  —  (Cj  cos  a  -  CD)  sin  a  *  g 
2  m 


—  sin  a  +  C£  cos  aJ 
m 


-  ^ 


cos  a  +  sin  a 
>1  CL  J 


•  Ea  43  Since  the  ac- 

It  is  eeen  that  the  thruet  Une  (along  the  X  body 

C'lerTMaercouldn'h°:vl  bePen  Stated  at  the  outaet, 

aX18'  ’  ,  t,  „  accelerometer  to  being  on  the 

If  we  further  limit  th|  “ 

/  body  axis,  the  terms  e  »  . 
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zero  by.  virtue  of  the  fact  that  er  and  ez  are  zero  for  this  location.  Al¬ 
though  $  and  V  can  separately  attain  fairly  large  values,  their  cross  pro¬ 
duct  is  generally  small.  Accordingly,  the  term  ey&'P  is  assumed  to  have 
little  effect  on  the  total  acceleration.  Under  these  conditions,  Eq.  39  can 
be  written 


Fg  Fx 

=  —  cos  at  —  sin  a  +  ei 
m  m 


CLqS 

m 


(  ^ 

cos  a  +  —  sin  a 

V  CL  J 


+  ex® 


(44) 


The  lift  coefficient  of  an  airplane  is  sometimes  given  as 


(45) 


where  8f  is  the  deflection  angle  of  the  tail  surface  and  C  is  a  constant. 
For  trimmed  flight  conditions,  this  reduces  to 


CL  =  CL  •  a  +  C,  •  Sf  (46) 

a  i  j 

The  tail  surface  deflection  and  the  attack  angle  are  related  through  the 
pitching  moment  equation 


a 


sr 


qSC 


(47) 


where  I x  is  the  moment  of  inertia  about  the  Y  body  axis  (pitching  moment 
of  inertia).  During  trimmed  flight,  this  reduces  further  to 


o  =  c.  +  c. 


a  +  C_ 


since  adl  derivative  terms  are  zero.  Solving  for  8^, 


-  (C_  +  C. 


i) 


h  = 


(48) 
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and  substitution  of  Eq. 


48  into  Eq. 


46  yields 


(49) 


The  coefficient  of  the  a  term  is  the  slope  of  the  lift  characteristic 
for  trimmed  flight,  and  the  coefficient  of  the  Cm  term  may  be  written 
as  C/Xf  where  Xj  is  the  distance  of  the  tail  force  from  the  center  of 
gravity.  This  permits  writing  Eq.  49  as 


Cl  ~  Ct 


‘L~  \C. 


a 


(50) 


Solving  Eq.  21  for  and  substituting  in  Eq.  50,  we  have  the  acceleration 
expressed  as 


Sq 


a?  =  - 


c 

—  c. 


ic. 


c^- 


(51) 


for  an  airplane  in  trimmed  flight,  which  is  equal  to  1  g. 


If  it  is  assumed  in  Eq.  45  that  terms  after  the  second  have  negligible 
effect  on  funder  all  practical  flight  conditions,  Eq.  44  becomes 


a 


qS 

—  +  erQ 
m 


(52) 


The  substitutions  cos  a=  1  and  sin  a  =  0  have  been  made  for  simplicity, 
as  they  have  no  bearing  on  the  following  development.  Neglecting  the 
term  in  Eq.  47  due  to  6  and  substituting  into  Eq.  52,  we  have 


and  because  I Y  =  k\m  where  kT  is  the  radius  of  gyration,  the  terms  in 
Eq.  53  may  be  rearranged  to  give 
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If  the  accelerometer  is  located  at  a  position  e r  such  that 


(55) 


the  term  in  Eq.  54  containing  hj  is  reduced  to  zero,  and  it  is  not  neces¬ 
sary  to  include  the  effect  of  8f  to  determine  a.  The  acceleration  equation 
is  then 


(56) 


which  is  the  same  as  Eq.  51,  obtained  for  trimmed  flight  conditions.  The 
point  (ex,  0  ,  0)  is  called  the  center  of  percussion  in  the  pitch  plane  of  the 
airplane  for  a  tail  force. 


The  above  treatment  is  somewhat  cumbersome,  and  reference  to 
the  force  and  moment  equations  using  a  diagram  may  clarify  the  analysis 
to  some  extent. 


Referring  to  the  diagram  below,  the  total  lifting  force  on  the  air¬ 
plane  is  F,  +  Fa  ,  where  F,  is  the  force  due  to  the  wing  and  Fa  is  that  con¬ 
tributed  by  the  tail  surface  when  the  airplane  iB  trimmed.  Similarly,  r, 
and  r a  are  the  dimensions  of  the  forces  from  the  airplane  eg. 


Summing  these  forces  gives 

Iv  =  Wnz  =  ma ,  =  F ,  +  F2 

and  the  moment  equation  as 

=  F,  r,  -  F2  ra  =  0 


(57) 


(58) 
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wherein  the  substitution  1=  h-JL  has  been  made. 

_  g 

Eq.  64  into  Eq.  23,  as  before,  gives 


The  substitution  of 


Equation  65  is  an  expression  of  the  attack  angle  of  the  airplane 
using  information  from  an  accelerometer  located  at  the  airplane  eg.  The 
accelerometer  senses  two  contributing  forces,  one  due  to  translation 
along  the  Z  -axis  (n^  )  and  the.  other  due  to  rotation  about  the  Z-axis 

I-. —  |.  It  is  a  well-known  phenomenon  that  if  an  elongated  body  in  equilib- 

r.  r L .  h. 

rium  is  subji 


rium  is  subjected  to  a  disturbing  force  at  one  end,  it  does  not  rotate  about 
the  eg,  but  around  a  different  point  called  the  center  of  percussion.  The 
center  of  percussion  is  located  at  a  distance  from  the  center  of  suspension 
(eg)  given  by  k^/u,  where  «  is  the  distance  from  the  center  of  suspension 
to  the  disturbing  force.  In  Eq.  65,  this  is  written  £^/r2  ,  as  it  satisfies 
the  above  definition. 


Therefore  it  is  seen  that  if  the  accelerometer  is  located  at  the 
center  of  percussion  (kj/rt  ,  or  kj/Xf  in  Eq.  55),  it  will  be  insensitive  to 
disturbing  tail  forces,  but^will  be  sensitive  to  translational  forces.  In 

k  *6 

this  instance,  the  term  -I—  becomes  zero,  and  Eq.  23  is  accurate  for 

gr.2 

either  trimmed  or  untrimmed  flight  conditions. 

• 

A  strong  practical  reason  exists  for  location  of  the  accelerometer  at 
almost  any  other  position  than  the  eg  of  the  airplane.  Because  of  the 
long  cylindrical  form  factor  of  turbojet  engines,  it  seems  that  the  eg  of 
most  single -engine  airplanes  invariably  falls  within  the  engine  envelope. 
Most  areas  in  the  vicinity  of  the  engine  are  subject  to  high  ambient  tem¬ 
peratures,  a  further  inducement  to  keep  instrumentation  away  from  the 
engine.  The  center  of  percussion  is  forward  of  the  eg,  where  suitable 
mounting  provision  can  usually  be  made. 

The  computation  of  skid  angle  (/3)  is  analogous  to  that  for  attack 
angle,  except  that  it  is  simpler.  The  effect  of  aeroelasticity  is  negligible 
and  there  is  no  J30  term  due  to  symmetry  of  the  airplane  in  the  plane  per¬ 
pendicular  to  the  Z-axis. 
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Practical  Considerations 


Although  Eq.  30  is  an  accurate  expression  for  attack  angle,  errors 
in  addition  to  the  inherent  errors  of  the  computer  are  introduced  into  the 
mechanization  of  this  equation  by  several  factors: 

1.  Variation  of  fuel  gage  indication  with  attitude. 

2.  Variation  of  airplane  weight  due  to  addition  of  external  stores. 

3.  Variation  of  airplane  weight  and  aerodynamic  characteristics 
due  to  condensation  during  flight. 

4.  Variation  of  airplane  weight  due  to  moisture  absorption 
on  the  ground  during  climatic  changes. 

5.  Errors  in  total  and  static  pressures  as  sensed  by  the  pitot  tube. 

6.  Variation  of  aerodynamic  characteristics  with  eg  position. 

7.  Variation  of  aerodynamic  characteristics  with  external  stores. 

8.  Variation  of  aerodynamic  characteristics  between  airplanes 
and  with  aircraft  aging. 

9.  Effect  of  eg  position  on  computation  during  untrimmed  flight 
conditions. 

10.  Effect  of  bomb  bay  doors,  gears,  flaps,  dive  brakes,  etc. 

It  is  possible  to  limit  the  errors  introduced  by  factor  1  by  utilizing  an 
attitude- sensitive  switch  to  de-energize  the  fuel  gage  indicator  when  un¬ 
favorable  flight  attitudes  exist.  This  will  cause  the  computed  weight  to 
be  based  upon  the  last  known  accurate  fuel  weight  rather  than  upon  one 
rendered  incorrect  by  such  contingencies. 

The  variation  of  airplane  weight  due  to  the  addition  of  external 
stores  (2)  can  be  introduced  via  an  airplane  gross  weight  setting  on  the 
front  panel  of  the  computer.  If,  however,  this  additional  weight  is  sub¬ 
ject  to  variation  during  combat,  some  means  must  be  provided  for  intro¬ 
ducing  the  mass  which  remains  in  the  airplane  at  all  times  into  the  weight 
circuit.  It  is  possible  to  simplify  this  problem  to  some  extent  by  operating 
instructions.  For  example,  a  standard  operating  procedure  might  be  to 
use  the  fuel  from  the  wing  tanks  first  so  that  they  would  be  empty  when  the 
airplane  arrives  at  the  expected  combat  area,  thus  eliminating  change 
during  combat. 

Since  aircraft  are  generally  equipped  with  de-icing  equipment,  it  is 
unlikely  that  an  aircraft  will  enter  combat  in  an  iced  condition.  The  effect 
of  external  moisture  condensation  is  therefore  not  considered  to  be  a 
serious  problem. 

The  variation  of  weight  of  the  airplane  due  to  moisture  absorption 
while  on  the  ground  (4)  is  very  difficult  to  establish.  The  weighing 
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equipment  for  determination  of  this  variation  must  be  extremely  accurate, 
as  an  error  of  slightly  more  than  1  percent  can  represent  a  bias  error  of 
0.  8  mils  in  the  computation  of  jump  angle  for  an  F-86D  airplane  at  Mach 
0.  8  and  an  altitude  of  40,  000  ft.  It  is  suggested  that  a  practical  solution 
of  this  difficult  problem  may  be  found  in  the  application  of  suitable  load 
cells  in  conjunction  with  the  field  test  equipment.  It  is  felt  that  if  the  air¬ 
plane  does  absorb  some  moisture  through  exposure  to  inclement  weather, 
this  absorption  probably  disappears  very  rapidly  when  the  airplane  is  air¬ 
borne. 


The  effects  of  pitot- static  source  errors  (5)  may  be  corrected  im¬ 
plicitly  as  functions  of  Mach  number  and  static  pressure  if  the  Mach 
range  of  the  aircraft  is  sufficient  to  warrant  concern.  These  effects  are 
discussed  in  greater  detail  in  the  chapter  entitled  "Extension  to  Flight 
Data  Computers.  " 

The  variation  of  aerodynamic  characteristics  with  eg  position  (6)  is 
a  minor  term  but  may  be  introduced  into  this  mechanization  if  the  errors 
due  to  neglecting  it  are  found  to  be  appreciable. 

The  effects  of  variation  of  aerodynamic  characteristics  with  external 
stores  (7)  may  be  mechanized  simply  if  this  is  required.  The  mechaniza¬ 
tion  necessitates  some  interlock  between  the  computer  and  the  store  jet¬ 
tison  circuit  which  could  introduce  the  appropriate  bias  change  in  a  manner 
similar  to  that  by  which  present  computers  accommodate  flap-down  condi¬ 
tions.  However,  there  are  few  data  available  on  these  effects,  and  a  flight 
test  program  would  be  required  to  determine  them. 

The  onl/  effect  on  aerodynamic  characteristics  expected  from  aging 
or  from  production  differences  between  individual  aircraft  (8)  is  a  change 
in  the  attack  angle  for  zero  lift.  A  suitable  change  in  the  bias  setting  com¬ 
pensates  for  this.  It  is  believed  that  only  a  simple  in-flight  check  is  re¬ 
quired.  However,  further  study  of  this  point  may  be  dfesirable. 

The  effect  of  the  position  of  center  of  gravity  on  the  computation  of 
attack  angle  during  untrimmed  flight  conditions  (9)  is  neglected  in  the 
mechanization,  as  the  resulting  system  error  is  not  greater  than  0.  1  de¬ 
gree  at  a  10-degree  attack  angle. 

The  effects  of  bomb  bay  doors,  landing  gear,  flaps,  dive  brakes, 
etc.  ,  are  similar  to  those  of  item  7.  The  Mach  number  range  during 
which  these  effects  may  be  applicable  is  limited,  and  it  is  generally  noted 
that  a  bias  shift  of  the  Cl  characteristic  included  as  part  of  ft  (M)  will 

A 

accommodate  the  variation.  This  shift  may  be  introduced  through  relays 
actuated  by  the  gear,  flaps,  dive  brakes,  or  bomb  bay  door  devices  or 
by  their  control  systems. 
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Fig.  25. 
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Medumization  of  attack  and  skid  angles 
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Mechanization 


The  mechanization  of  attack  angle  as  given  by  Eq.  30  is  shown  in 
Fig.  25,  together  with  a  similar  mechanization  of  skid  angle.  The  output 
is  provided  in  the  form  of  phase -polarized  400-cps  voltages,  which  may 
be  used  in  that  form  or  servoed.  If  servoed  outputs  are  required,  it  is 
probable  that  the  servoamplifiers  will  replace  the  summing  amplifiers 
shown. 

For  the  first  term  of  Eq.  30,  the  product  of  weight  and  accelera¬ 
tion  is  generated  by  exciting  a  variable  reluctance  accelerometer  bridge 
with  a  voltage  proportional  to  the  total  weight  of  the  aircraft.  This  volt¬ 
age  is  in  two  parts:  a  constant  part  proportional  to  the  aircraft  fixed 
weight  and  a  variable  part  proportional  to  the  variable  weight,  which  con¬ 
sists  of  fuel,  armament,  etc.  The  fixed  voltage  is  controlled  by  a  hand¬ 
set  potentiometer  across  a  secondary  of  a  transformer.  The  variable 
component  is  produced  by  varying  the  feedback  resistance  of  an  ampli¬ 
fier,  which  is  excited  by  a  reference  voltage  properly  phased  with  the 
fixed  weight  component  voltage.  The  amplifier  feedback  resistance  is 
varied  by  switches  in  the  rocket  intervalometer  or  armament  feed  mech¬ 
anism  and  also  by  a  variable  resistance  element  ganged  to  the  remote 
indicator  of  the  fuel  gage,  which  provides  a  density-compensated  indi¬ 
cation  of  the  fuel  mass  remaining. 

As  weight  is  expended,  the  feedback  resistance  is  decreased  and 
the  amplifier  output  voltage  diminishes.  The  voltage  proportional  to  the 
fixed  weight  is  applied  to  the  primary  of  a  transformer  in  the  accelerom¬ 
eter,  and  the  voltage  proportional  to  the  variable  weight  is  applied  to  the 
primary  of  another  transformer  in  the  accelerometer.  The  secondaries 
of  both  these  transformers  are  connected  in  series  to  provide  a  voltage 
proportional  to  the  sum  of  the  weight  components.  This  voltage,  repre¬ 
senting  the  instantaneous  total  weight  of  the  aircraft,  is  applied  across 
the  accelerometer  bridge.  The  bridge  output  is  thus  made  proportional 
to  weight  times  acceleration,  Vnx  .  Two  accelerometers  are  used,  one 
oriented  to  measure  and  one  to  measure  .  The  quantity  S  is  intro¬ 
duced  by  selection  of  appropriate  scale  factors. 


The  output  of  the  £-axis  accelerometer  is  loaded  by  two  nonlinear 
potentiometers  driven  by  the  Mach  number  servo.  The  first  of  these  is 
wound  to  produce  the  functional  relationship 


/,  (M) 


(66) 
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Wnz 

so  that  the  output  of  this  circuit  is - /,  (M),  which  is  the  first  term  of 

S 

Eq.  30  except  for  division  by  qi.  This  voltage  is  fed  to  the  summing 
amplifier. 


The  second  circuit  loading  the  Z-axis  accelerometer  consists  of  a 
voltage  divider  to  reduce  Vnz  by  the  factor  KJ  S  in  the  third  term  of 
Eq*  30.  The  nonlinear  potentiometer  excited  from  the  voltage  divider  is 
wound  to  have  the  characteristic  which  expresses  the  aeroelasticity 

vs.  Mach  number  relationship.  This  potentiometer  is  loaded  by  a  second 
potentiometer  driven  by  the  differential  pressure,  or  q  ^  ,  servoed  trans¬ 
ducer.  This  multiplies  the  utput  of  the  / 3(#)  potentiometer  by  <7$  to  pro¬ 


duce  a  voltage  proportional  to 


/3  (M),  which  is  fed  through  a  sum¬ 


ming  resistor  to  the  attack  angle  feedback  summing  amplifier. 


The  second  term  Of  Eq.  30  is  produced  by  a  Mach  number -positioned 
nonlinear  potentiometer  expressing  the  a0  vs.  Mach  number  characteristic 
The  voltage  output  of  this  potentiometer  is  added  to  a  bias  voltage  derived 
from  a  hand- set  adjustment  to  introduce  the  variation  of  a0  from  airplane 
to  airplane.  The  sum  is  used  to  excite  a  potentiometer  positioned  by  qf 
to  develop  f2{/()  qit  which  is  fed  through  a  summing  resistor  to  the  ampli¬ 
fier. 


The  three  terms  developed  may  be  added  together  to  give 

O^f.ao*/,  no  „  ♦  iiibii./,  no  -  „«  '67> 

s  s 

Division  of  all  quantities  being  fed  into  the  amplifier  by  q  i  is  accomplished 
through  a  potentiometer  actuated  by  the  servoed  differential  pressure 
transducer.  This  potentiometer  comprises  the  feedback  element  of  the 
attack  angle  summing  amplifier,  whose  output  voltage  is  now  a  represen¬ 
tation  of  true  attack  angle,  a.  Thus  Eq.  30  has  been  mechanized. 

The  development  of  the  output  voltage  proportional  to  skid  angle  is 
identical  to  that  of  the  first  term  of  a.  as  the  other  effects  are  probably 
negligible.  The  equation  is 


J3  ~  HULL  f%(M) 
Sqt 


(68) 
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In  the  mechanization  of  Fig.  25,  use  is  made  of  closed-loop  pres¬ 
sure  transducers  as  discussed  elsewhere  in  this  report.  These  trans¬ 
ducers  are  suitable  for  this  application  because  of  their  inherent  accuracy 
possibilities  and  because  they  make  maximum  use  of  the  servoed  shaft 
output  feature  discussed  further  in  the  chapter  entitled  "Extension  to  Flight 
Data  Computers.  "  The  static  pressure  transducer  contains  an  evacuated 
pressure- sensitive  element,  in  this  particular  instance  a  twisted  Bourdon 
tube,  against  which  the  ambient  pressure  is  compared  to  obtain  absolute 
barometric  pi'essure  ( Ps ).  The  differential  pressure  element  is  subjected 
to  absolute  pressure  internally  and  to  stagnation  pressure  (  Pf)  externally 
to  produce  <7t  =  PT  -  Ps  . 

Mach  number  is  mechanized  in  a  self-balancing  resistance  bridge, 
two  legs  of  which  are  variable  resistance  elements  proportional  to  Ps  and 
Q  i,  and  physically  located  in  the  respective  servoed  transducers.  A  third 
leg  of  the  bridge  is  constant.  The  followup  leg  consists  of  a  nonlinear  re¬ 
sistance  element  driven  by  the  servomotor  and  having  a  functional  char¬ 
acteristic  given  by 

R  =  f0[(l  +  0.2 #2)3-  5  -1]  for  M  £  1.0  <69) 

or 

166. 92#  T 

R  -  K0  — -  -1  M  >  1.0  (70) 

(7 M2  -  l)2*  5 

Through  the  choice  of  end  resistors,  the  Mach  number  servo  can  be  given 
the  Mach  number  range  desired. 


The  servoamplifier  s  used  to  drive  the  three  servoes  are  identical. 
Rate  generators  are  shown  ganged  to  each  servomotor  to  provide  rate 
stabilization  but  because  of  the  nature  of  the  variables  being  servoed,  it 
is  doubtful  whether  they  are  required. 

Error  Contributions 


The  basic  quantities  in  the  computer  required  to  mechanize  the  lift 
equation  M  and  q  can  be  measured  with  suitable  accuracy,  probably  to 
the  order  of  0.  5  percent.  It  is  also  not  extremely  difficult  to  reduce  the 
total  computer  error  in  attack  and  skid  angle  computations  to  less  than 
1  percent.  These  errors  compose  a  small  part  of  the  total  error  that 
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Fig.  26.  Typical  curve  of  lift  force  vs  angle  of  attack  for  given 


Fig.  27.  Dual  vane  sensor  showing  reference  angles 
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may  be  encountered.  The  items  which  are  difficult  to  ascertain  are  the 
quantities  /,(tf),/2  (M),  f  and  and  the  weight  and  acceleration  com¬ 

ponents  The  accuracy  with  which  the  accelerometers  must  be  alined  for 
a  certain  accuracy  tolerance  in  attack  angle  is  extremely  critical  and 
close,  but  not  impossible.  Weight  can  be  determined  with  suitable  accu¬ 
racy  if  the  variable  components  are  properly  instrumented. 

The  other  quantities  may  be  determined  also  with  acceptable  accu¬ 
racy  by  utilization  of  flight  test  techniques  which  employ  statisticad  re¬ 
duction  of  flight  test  data  and  solutions  of  simultaneous  equations  of  three 
unknowns.  An  accurate  and  reliable  standard  is  required  for  comparison 
so  that  the  error  between  true  and  computed  attack  and  skid  angles  can  be 
recorded.  Suitable  techniques  and  devices  have  been  developed  for  this 
application  in  present-day  supersonic  aircraft,  but  need  to  be  extended  up 
to  the  limits  defined  by  this  study  effort. 

Force  Vane  Sensor 


A  small  lifting  surface  can  be  used  as  an  angle  of  attack  sensor. 

The  lifting  force  on  the  surface  can  be  expressed  generally  as 

F  =  qSifx  (M)  +aLf2(M)  +  a}f3(M)]f%(/3)  (71) 

The  term/,  (M)  can  be  eliminated  by  using  a  symmetrical  cross  sec¬ 
tion.  The  term  aLfz  ( M )  is  necessary  to  tadce  care  of  nonlinearities  at  high 
angles  of  attack.  By  measuring  F  and  obtaining  (3,  q,  and  M  from  a  flight 
data  computer,  it  is  possible  to  compute  aL. 

As  with  a  pressure  sensor,  it  is  required  that  the  shape  and  angular 
location  be  accurate  and  be  maintained  during  use.  The  device  for  mea¬ 
suring  force  must  be  located  near  the  force- sensing  surface  and,  as  shown 
in  tne  chapter  "Components,  "  it  is  difficult  to  isolate  it  from  environmental 
effectB.  An  advantage  of  measuring  force  rather  than  pressure  is  that  no 
long  pressure  lines  are  required,  with  the  accompanying  lag  effects.  On 
the  other  hand,  if  it  is  desirable  to  measure  yaw  also,  two  vanes  are 
needed,  with  an  additional  protuberance  from  the  fuselage. 

Dual  Vane  Sensor 

This  system  uses  two  restrained  vanes  to  obtain  angle  of  attack  in¬ 
formation  independently  of  air  flow  parameters.  The  operation  is  based 
on  the  principle  that  the  normal  force  acting  on  the  vane  (a  symmetrical 
airfcil  section)  is  directly  proportional  to  the  angle  of  attack  of  the  airfoil* 
For  moderate  angles  of  attack,  the  plot  of  normal  force,  N,  vs.  the  angle 
of  attack,  a  (Fig.  26),  is  a  straight  line  passing  through  the  origin  and 
having  the  slope  Ha. 
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The  proposed  instrument  measures  directly  the  normal  forces,  N, 
and  ,  acting  on  two  small  lifting  surfaces  (Fig.  27).  These  surfaces 
have  the  same  planform  and  cross-sectional  shapes,  so  that  the  normal 
force  curves  are  identical,  within  the  limits  of  manufacturing  tolerances. 
The  surfaces  are  rigged  at  two  different  angles  of  incidence,  i  ,  and  i2, 
with  respect  to  a  reference  line  fixed  in  the  airplane.  When  the  airplane 
is  flying  at  the  angle  a(with  respect  to  the  reference  line),  the  angles  of 
attack  of  the  lifting  surfaces  are 

*•  =  a+i'  (72) 

<*a  =  a  +  *2  (73) 

The  normal  forces  acting  on  the  surfaces  are 

AT,  =  Cg  (a  +  i,  )Sqf(/S)  (74) 

N  a  =  C„  (a  +  »,  )S  qf  (/3)  (75) 

m  CL 

The  difference  between  these  forces  is 

N,  -  tt2  -  CM  (i  ,  -  iz)Sqf(/3)  (76) 

Cl 

Since  from  Eq.  75 


(a  +  ia)Sqf(fi) 


then 


Nt  ~  N, 


a  +  i  2 


(t,  -  i2  ) 


Solving  for  the  angle  of  attack , 


~  K  2 


{ *  I  “  *2  )  “  *  2 


The  relation  may  be  simplified  by  letting  i2  =  0,  giving 


If,  2 
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Knowledge  of  the  incidence  angles  at  which  the  surfaces  are  rigged 
and  measurement  of  the  normal  forces  in  flight  affords  a  simple  method 
of  obtaining  angle  of  attack.  This  arrangement  does  not  require  correc¬ 
tions  for  Mach  number,  altitude,  atmospheric  properties,  etc.  ,  because 
the  direct  measurement  of  normal  force  accounts  for  these  variables. 

It  should  be  n?entioned  that  bodies  of  revolution,  rather  than  the 
vanes  described  above,  may  serve  as  sensing  elements.  Two  cones 
rigged  in  the  same  manner  as  the  two  vanes  could  be  employed.  Cones 
have  the  advantage  of  being  easier  to  construct  accurately.  The  dimen¬ 
sions  of  such  sensors  can  be  small. 

Because  both  sensing  surfaces  are  identical  in  shape,  they  have 
approximately  equal  centers  of  pressure  locations,  regardless  of  Mach 
number.  The  surfaces  must  be  mounted  so  that  interference  effects  are 
either  negligible  or  the  same  for  each  of  the  surfaces.  Also,  the  effect 
of  yaw  must  be  such  that/{/3)  in  Eq.  74  and  75  is  the  same  for  both  vanes. 
Further  investigation  and  wind  tunnel  tests  will  show  whether  this  can  be 
accomplished  in  practice. 

The  surfaces  must  be  restrained  to  prevent  motion  during  operation. 
The  restraint  may  act  parallel  to  the  plane  of  symmetry  along  the  /-axis 
of  the  airplane  or  normal  to  the  plane  of  symmetry  along  the  Y -axis. 

There  is  some  advantage  to  arranging  the  axis  parallel  to  the  plane  of 
symmetry,  because  a  small  rotation  about  this  axis  will  not  change  the 
rigging  angles,  t,  and  »2.  This  results  in  more  precise  measurements 
of  the  normal  forces  than  if  rotation  occurs. 

The  two  sensing  surfaces  could  be  mounted  on  a  short  boom  located 
ahead  of  the  shock  wave  produced  by  the  nose  of  the  airplane  during  super¬ 
sonic  flight.  A  second  set  of  dual  sensors  is  required  to  measure  angle 
of  yaw. 

As  can  be  seen,  the  dual  vane  sensor  system  is  similar  to  the  dual 
pressure  sensor  system  and  has  many  of  the  advantages  and  disadvantages 
of  that  system.  If  a  force  system  is  mounted  on  the  end  of  a  boom,  the 
force-measuring  device  must  be  located  in  the  small  confines  at  the  end 
of  the  boom.  With  a  pressure  sensor,  the  critical  instruments  can  be 
located  in  the  fuselage,  but  thus  require  pressure  lines,  which  can  intro¬ 
duce  lag  effects.  On  the  other  hand,  a  certain  length  of  pressure  line  is 
advantageous  to  avoid  the  effects  of  pressure  oscillations  in  the  lines. 
Whether  a  dual  pressure  or  a  force  vane  system  is  more  advantageous 
depends  upon  which  of  these  problems  can  be  solved  more  readily. 
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Null  -  s  e  eking  V ane 


There  are  two  possible  ways  of  utilizing  a  null-seeking  vane:  one 
is  to  let  the  aerodynamic  forces  drive  it  to  null,  and  the  other  is  to  servo- 
drive  it  to  null.  As  both  of  these  types  have  external  moving  parts,  they 
do  not  meet  the  contractual  requirements.  However,  it  was  thought 
worth  while  to  mention  them  here  because  movable  vane  types  are  used 
on  some  present-day  aircraft. 

Free-floating  types  have  been  mounted  on  the  end  of  booms  and  on 
the  sides  of  the  fuselage.  They  are  made  with  sensitivities  sufficient  to 
sense  ai  to  0.  1  degree.  Usually  the  angular  position  of  the  vane  is  con¬ 
verted  into  an  electrical  signal  by  a  resistance  or  inductance  transducer. 
To  insure  high  sensitivity,  it  is  necessary  that  the  bearings  and  trans¬ 
ducer  have  a  minimum  amount  of  friction.  This  reduction  of  friction  en¬ 
courages  oscillations,  but  they  can  be  minimized  by  so  designing  the  vane 
that  its  natural  frequency  differs  widely  from  that  of  the  aircraft.  Also, 
velocity  damping  can  be  used  to  minimize  oscillations. 

Free-floating  vanes  have  the  advantage  that  they  are  extremely 
simple,  but  it  is  difficult  to  design  them  to  withstand  rough  handling  and 
to  provide  isolation  from  the  environment  for  the  bearings. 

A  servo-nulling  type,  when  subject  to  a  lifting  force,  produces  an 
error  signal  which  causes  a  motor  to  rotate  the  vane  and  error  sensor 
to  an  angle  such  that  the  lifting  force  is  reduced  to  zero.  This  angular 
rotation  is  converted  into  an  electrical  signal  proportional  to  aL  .  The 
advantage  of  this  system  is  that  it  does  not  depend  on  aerodynamic  forces 
to  provide  torque.  Time  response  is  uniform  at  all  airspeeds,  as  it  is 
largely  dependent  upon  the  characteristics  of  the  servo  loop.  It  is  also 
possible  to  damp  out  oscillations  by  suitable  design  of  the  servo  loop. 

Providing  torque  by  a  servomotor  makes  possible  the  use  of  seals 
to  protect  the  internal  parts  from  the  outside  environment.  However, 
the  error-sensing  vane  must  be  allowed  to  rotate  freely  a  small  amount 
to  produce  an  error  signal.  If  the  error-sensing  vane  is  pivoted  on  bear¬ 
ings,  the  same  problems  are  encountered  as  in  the  free-floating  vane. 


On  the  other  hand,  a  vane  attached  to  a  flexible  support  with  em¬ 
bedded  strain  gages  could  be  used  as  an  error  sensor  and  would  eliminate 
the  need  for  bearings.  Care  would  be  necessary  in  service  use,  as  a 
bend  in  the  vane  would  change  the  null  position. 
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THERMODYNAMIC  DEVICES 


Hot-wire  Anemometer 


This  device  has  been  used  in  wind  tunnel  research  to  measure 
turbulence,  which  is  a  fluctuation  in  velocity  and  direction  of  flow.  The 
device  consists  of  one  or  more  small  wires  mounted  on  a  support  at 
some  angle  6  to  the  air  stream,  shown  below. 


The  wire  is  heated  above  the  total  temperature  by  electric  current. 

The  degree  of  cooling  by  the  air  flow  is  a  function  of  the  angle,  9 , be¬ 
tween  the  wire  and  the  free  stream  velocity,  as  well  as  of  velocity, 
Mach  number,  density,  wire  temperature,  and  total  temperature . 

By  knowing  these  flow  properties,  it  is  possible  to  compute  9  and  hence 
the  angle  of  attack,  a  . 


In  wind  tunnel  work  a  small  wire  is  used,  usually  approximately 
0.0006  in.  diameter  by  1/8  in.  long.  This  wire  size  is  obviously  too 
small  for  use  on  an  airplane,  and  it  is  thought  that  a  large-size  wire 
would  be  practical  from  an  environmental  standpoint.  A  study  was  made 
to  find  how  the  voltage  and  current  vary  with  angle  of  attack  and  with  the 
other  variables  mentioned  above.  Also,  it  was  desirable  to  know  how 
large  a  wire  can  be  used. 

The  equation  (Ref.  55)  describing  the  energy  transfer  from  a  wire 
immersed  in  a  fluid  whose  flow  vector  is  at  right  angle  to  the  wire  is 


W  =  vi 


kKTv  -  V 
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SB3*: 


where 

W 


is  energy  in  watts 
is  volts 

is  current  in  amperes 

is  coefficient  of  heat  conductivity  of  air. 


l  is  wire  length,  ft 

Tf  is  total  temperature,  degrees  F 

Tw  is  wire  temperature,  degrees  F 

lby  -  sec  2 

p  is  free  stream  air  density,  J  - 


(  hr  -  ft  -  deg  J)/ft 


is  velocity,  fps 
is  wire  diameter,  ft 

is  coefficient  of  viscosity, 


lby  -sec 


A  review  of  the  literature  (Ref.  50,  53,  and  55)  gave  some  approximate 
values  of  K ,  and  K2.  Also,  V  in  Eq.  81  can  be  replaced  by  V  sin  6.  This 
is  true  when  6  lies  between  90  degrees  and  25  degrees.  At  angles  less 
than  25  degrees  experimental  results  begin  disagreeing  with  the  above 
rule.  Knowing  these  facts,  the  following  approximate  equations  can  be 
written  for  subsonic  and  supersonic  flow: 


Subsonic  flow 


Supersonic  flow 


(Tv  -Tt) 

- - 0i 

1.08 


/  pVd  sin  Q  \  °-S3t 

47 1 — p —  /  +  0,35 


kl(Tw  -Tt)  (  -,/pVd  sin  &  \  (82) 

'■Tor-  r58  v~ — °-8 


For  supersonic  flow  p  and  V  are  evaluated  in  front  of  the  shock  wave, 
and  p  and  k  are  based  on  the  total  temperatures. 

Table  1  shows  the  values  of  current,  voltage,  and  sensitivity  for  a 
wire  0.  1  ft  long  and  0.  003  in.  diameter  (AWG  No.  40)  at  an  angle  of  30 
degrees  between  air  stream  and  wire.  This  wire  size  should  cause  no 
difficulties  with  thermal  lag.  Values  are  given  for  four  points  of  the 
flight  envelope  as  shown  inFig.  2.  The  calculations  are  based  on  the  wire 
being  operated  at  a  constant,  temperature.  This  condition  was  chosen  be¬ 
cause  it  allows  the  best  sensitivity  in  all  flight  conditions  and  reduces 
thermal  lag  effects. 


WADC  TR  54-267 


_  68  . 


Table  1 .  Hot  wire  sensor  parameters  for  four  points  in  flight 
envelope 


Item 

Point  on  envelope 

I 

2 

5 

4 

Mack  number 

0.13 

1.2 

1.  3 

3.  0 

Altitude,  ft 

S.  L. 

S.  1_. 

100, 000 

100,000 

Reynolds  number 

244 

1820 

28.  7 

39 

iv  ,  watts 

6,.  4 

19 

1. 6 

1.  3 

A*  per  L6  =  0.1° 

0.01 

0.  03 

0.  004 

0.003 

A  Wfff,  percent 

.  0.  15 

0.  15 

0.  25 

0.25 

i 

2.  5 

4.3 

1.  3 

1.1 

A* 

0.  1 

0.  17 

0.  06 

0.  05 

A  t / i ,  percent 

4 

4 

5 

5 

V 

2.5 

4.3 

1.  3 

1.4 

AF 

0.  1 

0.  17 

0.  06 

0.05 

A  V! V,  percent 

4 

4 

5 

5 

Accuracy  requirements  for  angle  of  attack 

rms  error  =± 

0.  1  deg 

Wire  resistance,  ohms  ±0.0016 

0.0013 

0.  0025 

0. 0007 

Percent 

0.  16 

0.13 

0.  25 

0.07 

Tf  F 

60 

210 

65 

620 

A Tf.  deg  F 

±0.65 

0.5 

1.0 

0.  3 

Percent 

0.9 

0.  26 

1.5 

0.053 

qt,  psi 

0.  19 

21 

0.  275 

1.  75 

A qrt,-  pel 

0.  0003 

0.031 

0. 0004 

0.0026 

Pe  rcent 

0.  15 

0.  15 

0.  15 

0.  15 

A# 

0.  0002 

0.0018 

0. 0019 

0. 0045 

Percent 

0.  15 

0.  15 

0.  15 

0.  15 

No.  40  tungsten  wire  length  0.  1  ft  (1  ohm)  ,04  x  ,0 
V  -  30  degrees 


A 

AT 

L _ 

I  2 

M 
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For  maximum  sensitivity  as  high  a  wire  temperature  as  the  wire 
material  will  stand  is  desirable.  A  wire  temperature  of  900  F  was 
used  because  Ref.  53  showed  that  this  was  about  the  maximum  tempera¬ 
ture  under  which  platinum -plated  tungsten  wire  maintains  a  constant 
resistance.  It  is  important  that  wire  oxidation  and/or  evaporation  not  be 
allowed  to  alter  the  dimensions  to  the  extent  that  the  calibration  is 
changed.  This  will  be  a  problem  with  this  type  of  instrument. 

Discussion  of  Results 


One  noteworthy  result  shown  in  Table  1  is  that  for  the  extremes  of 
flight  conditions  the  voltage  and  current  through  the  wire  change  by*a 
factor  of  only  four.  The  percentage  change  in  volts  and  amperes  for  a 
0.  1 -degree  change  in  angle  of  attack  remains  approximately  the  same 
(4  to  5  percent).  It  should  be  noted  that  the  sensitivities  shown  in  the 
table  are  for  a  wire  angle  of  30  degrees  with  the  free  stream  velocity 
vector.  *  The  sensitivity  will  fluctuate  as  the  angle  of  attack  varies  about 
this  point. 

A  single  wire  is  used  in  the  calculations.  But  two  wires  could  be 
arranged  (as  shown  below)  in  a  bridge  circuit  to  show  differential  resist¬ 
ance.  This  configuration  helps  to  keep  the  sensitivity  more  constant  with 
variations  in  a. 


If  wire  length  is  increased,  the  resistance  of  the  wire  is  increased, 
and  hence  the  voltage  across  the  wire.  The  percentage  changes  in  voltage 
and  resistance  remain  the  same.  Increasing  the  wire  length  increases 
the  chance  of  collision  with  objects  in  the  air.  Installation  problems  may 
also  increase. 

From  stress  considerations  it  is  desirable  to  increase  the  diameter 
of  the  wire,  because  drag  is  proportional  to  d  but  wire  stress  is  propor¬ 
tional  to  1/d2  .  Increasing  d  increases  the  percentage  of  change  in  power 
input  to  the  wire  per  0.  10  degree  by  some  factor  less  than  the  rate  of  in¬ 
crease  of  Yd~. 
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However,  a  greater  effect  of  increasing  the  diameter  of  the  wire  is 
the  decrease  of  the  resistance  (r  ~  1/d2)  of  an  already  low-resistance  de¬ 
vice  with  resulting  higher  current  and  a  lower  potential  across  the  wire. 
This  low-resistance  and  low-voltage  level  seems  undesirable  from  the 
standpoint  of  the  associated  electronics  which  must  measure  the  voltage 
and  current.  If  the  signal  voltage  is  too  low,  the  signal  is  masked  by  tube 
noise  in  the  amplifiers.  With  a  very-low  resistance  hot  wire,  errors  are 
introduced  by  variation  of  lead  resistance  with  temperature. 

NACA  (Ref.  53)  also  used  80  percent  platinum  and  20  percent  iridium 
wire,  which  has  about  twice  the  resistance  of  tungsten  at  900  F.  However, 
its  temperature  coefficient  of  resistance  is  less  by  a  factor  of  5.  This 
makes  it  difficult  to  measure  wire  temperature  by  changes  in  wire  re¬ 
sistance. 

.  If  this  device  is  to  be  developed,  it  is  desirable  to  investigate  ma¬ 
terials  with  the  following  properties:  high  resistance,  high  temperature 
coefficient  of  resistance,  high  strength  at  high  temperature,  and  resist¬ 
ance  to  corrosion  or  evaporation  at  high  temperature. 

As  shown  by  Table  1,  in  order  to  know  a  (or  0)  to  0.  1  degree  it  is 
necessary  to  know  the  other  factors  affecting  heat  transfer  to  a  similar 
degree  of  accuracy.  This  is  a  serious  drawback,  as  small  errors  in 
total  temperature,  density,  and  velocity  can  combine  to  cause  larger  er¬ 
rors  in  the  output.  This  also  means  that  the  output  of  the  angle  of  attack 
sensor  is  dependent  upon  the  operation  of  a  flight  data  computer. 

A  possible  mechanization  of  this  sensor  is  discussed  below. 

Equation  81  can  be  expressed  more  generally  as 


V  =  lft(Tt,  TJ 


St(M ) 


V- 


pVd  sin  9 

f^Tt) 


+  /„  (M) 


(83) 


The  terms  can  be  rearranged  to  provide 


sin  6  - 


fz  (Tt ) 
pVd 


/u  (Mi 


Tj  f2(M)  f2  (M) 


(84) 


The  power  input  to  the  hot  wire  is  K  =  E2  /  R,  where 

E  is  voltage  across  the  wire 
is  resistance  of  the  wire 
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In  this  application  the  wire  will  be  operated  at  constant  tempera¬ 
ture.  Therefore  f\  (7f,  Tw)  =  f\  (Tj  )  . 


If  K  ,  =  d  and  Ki  =  El, 


sin  9  - 


w 


e 2  /H  m 

K2ft(Tf)  ft(M)  ~  f2  (M) 


(85) 


From  Ref.  23, 


,  y  w 

7  1  +  C.2tfl 


(86) 


_ 

p  =  rV3  at) 


(87) 


where 

<7jis  differential  pressure 
fs(M)  is  compressibility  factor 
1 3. 1,  are  constants 
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Combining  these  equations. 


sin  6  - 


wy 


£2/7  (M) 


(88) 


where 


*3 


/'.AT, 


/.  (Tr)  =  /,  tty 


/?ttr;  = 


i/~F - -./5773JT 

'  1  •+  0.2M*  yfi(M} 


f,(H) 


"T2 

+  0.2  M* 


'/f%  (M) 


f*(M) 
f2  (M) 


The  mechanization  of  these  equations  is  presented  in  Fig.  28.  The 
hot  wire  is  kept  at  constant  temperature  by  the  feedback  loop  around  the 
bridge  circuit.  If  the  temperature  of  the  hot  wire  decreases,  the  bridge 
becomes  unbalanced  and  the  amplifier  generates  power  to  increase  the 
temperature  of  the  wire.  The  output  voltage  of  the  amplifier  is  thus 
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proportional  to  the  voltage  across  the  hot  wire.  This  voltage  drives  a 
servo  which  actuates  a  square- law  rheostat  in  another  bridge  circuit. 
The  remaining  arms  of  the  bridge  are  nonlinear  rheostats,  which  gen¬ 
erate  /,  ( Tf  ),  ,  and  a  linear  rheostat,  which  is  driven  by  a  servo 

to  balance  the  bridge.  The  shaft  rotation  of  this  servo  is 


[ 


E2f7  (M) 


K2f ,  (Tt )  f2  (M) 


f,(M) 


This  servo  drives  a  square- law  rheostat  in  a  bridge  circuit  in 
which  the  second  arm  is  a  linear  rheostat  driven  by  g*,  the  third  is  a 
nonlinear  rheostat  which  generates  ft(Tz)  ,  and  the  fourth  is  a  sine 
rheostat  servo  driven  to  balance  the  bridge.  This  bridge  computes  the 
local  angle  of  attack,  which  is  fed  through  the  correction  computer  to 
obtain  the  true  angle  of  attack.  This  computer  is  discussed  on  p.  108. 

Tf  is  obtained  from  a  resistance  temperature  probe  connected  in  a 
bridge  circuit. 

Actually,  the  temperature  measured  by  the  probe  is  related  to  the 
total  temperature  by  _  /  ^  +  Kr  0-2  M*\  whe  re  is  the  tern- 

~  Tf  v  1  +  0.2  M2  J 

perature  recovery  factor  (usually  Kr  %0.98).  Because  the  two  tempera¬ 
tures  are  very  nearly  equal,  it  would  seem  desirable  to  base  the  hot-wire 


anemometer  equations  on  T probe 


from  Tprobe  •  If  this  is  done, 


to  avoid  computing  total  temperature 
the  hot-wire  and  the  temperature  probe  are 


probe 


calibrated  at  the  same  time;  the  mechanization  then  is  based  on  T 

AIR  PARTICLE  IDENTIFICATION 

Smoke 

In  this  system  smoke  particles  are  injected  into  the  air  stream,  and 
the  angle  of  attack  is  obtained  by  observing  the  downstream  location  of 
the  stream  line  containing  the  smoke.  There  are  several  ways  by  which 
this  system  may  be  instrumented.  In  the  system  shown  in  Fig.  29  , 
smoke  is  emitted  from  a  line  source  and  sensed  by  detectors  1  and  2.  If 
the  output  of  a  detector  is  proportional  to  the  amount  of  smoke  crossing 
it,  the  angle  of  attack  is  given  by 


D , 


tan  a. 


Dz 


Dt  +  D2 


(89) 


where  D}  and  D2  are  the  outputs  of  detectors  1  and  2. 
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DETECTOR  NO.  2 

F ig.  29.  Smoke  particle  system  with  fixed  detector 


DETECTOR  NO.  1 


SMOKE  BEAM 

REFERENCE  LINE 


Fig.  30.  Smoke  particle  system  with  movable  detector 


Fig.  31.  Smoke  particle  systeih  with  movable  source 
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Another  method  uses  a  point  source  of  smoke  and  a  movable  pair 
of  detectors  (Fig.  30).  The  moving  parts  of  this  sensor  may  be  pro¬ 
tected  from  the  airstream  by  a  transparent  window.  The  detector  is 
servo-driven  to  track  the  smoke  beam,  and  its  orientation  indicates 
angle  of  attack. 

It  is  possible  to  use  two  fixed  detectors  and  a  movable  source 
(Fig.  31).  Here  the  source  is  servo-driven  to  obtain  equal  signals  from 
the  two  detectors,  and  its  position  indicates  angle  of  attack. 

The  advantage  of  the  smoke  system  is  that  it  indicates  local  angle 
of  attack  directly,  without  requiring  high-accuracy  pressure  sensors  and 
dividers.  Of  course,  a  correction  computer  is  required  to  calculate  the 
true  angle  of  attack.  A  major  problem  of  this  system  is  the  detection  of 
smoke  in  clouds  or  at  night.  Photo  cells  can  be  used  in  an  arrangement 
where  they  sense  light  reflected  from  the  smoke,  or  heat  detectors  can 
be  used  to  sense  the  temperature  of  the  smoke.  The  smoke  has  to  be  in¬ 
jected  far  enough  into  the  airstream  to  clear  the  boundary  layer;  and  at 
the  same  time  the  smoke  source,  receivers,  and  their  supports  must  not 
change  the  air  flow.  Frequent  replacement  of  the  smoke-producing  ma¬ 
terial  is  required. 

The  smoke  system  is  not  considered  desirable  for  a  service  in¬ 
strument,  as  it  is  very  difficult,  if  not  impossible,  to  develop  suitable 
techniques  for  injecting  the  smoke  into  the  airstream  and  detecting  it 
under  all  conditions. 

Ionization 


An  ionization  system  also  determines  the  angle  of  attack  by  mark¬ 
ing  the  stream  lines.  In  this  case  ions,  rather  than  smoke  particles, 
are  used  as  markers.  All  the  geometrical  configurations  discussed  in 
the  preceding  section  are  applicable  for  an  ion  system. 

Ions  can  be  produced  by  radioactive  substances  and  also  by  elec¬ 
trical  discharges.  An  example  of  the  use  of  a  radioactive  ion  source  is 
the  Alphatron  pressure  gage  manufactured  by  the  National  Research 
Corporation  (Ref.  16).  Here  a  small  amount  of  radium  in  equilibrium 
with  its  decay  products  provides  a  source  of  alpha  particles  which  are 
the  ionizing  agents. 

Spark  discharges,  corona  discharges,  and  precorona  discharges 
also  produce  ions.  Spark  and  corona  discharges  require  high  voltage, 
cause  rapid  deterioration  of  the  discharge  points,  are  apt  to  produce 
radio  interference,  and  can  be  used  only  to  generate  pulses.  Precorona 
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F.ig.  32.  Single-receiver  sonic  system 


discharges,  on  the  other  hand,  require  only  moderate  voltage,  cause  no 
deterioration  of  the  discharge  points,  are  less  apt  to  produce  radio  in¬ 
terference,  and  can  produce  sine  wave  ion  discharges.  Sine  wave  ion¬ 
ization  allows  airspeed  to  be  measured  by  observing  the  phase  shift  be¬ 
tween  the  generated  ion  signal  and  that  received  at  the  detector. 

The  Cook  Research  Laboratories  have  built  a  velocity-measuring 
device  using  spark  gap  ionization.  It  has  been  tested  in  a  supersonic 
wind  tunnel  up  to  Mach  1.  7.  A  more  detailed  discussion,  of  this  instru¬ 
ment  is  presented  in  Ref.  21  and  25.  Precorona  sine  wave  discharge  has 
been  utilized  by  Eclipse-Pioneer  in  a  subsonic  airspeed  indicator  (Ref .  15). 

Ions  may  be  detected  through  the  collection  of  ions  in  an  electro¬ 
static  field  or  by  the  induction  effect.  It  has  been  found  tha.t  a  greater  de¬ 
tection  signal  can  be  obtained  using  the  induction  effect.  If  this  effect 
is  used,  *the  detectors  can  be  flu uh- mounted,  shielded,  and  insulated 
"buttons";  or,  in  a  movable  detector,  they  can  be  protectee  from  the 
air  stream  by  an  insulator. 


An  ion  system  provides  local  angle  of  attack  directly  and  does  not 
require  a  w'ide- range  divider.  A  correction  computer  is  required  to 
obtain  true  angle  of  attack.  The  transmitter  and  receiver  must  not  cause 
interference  with  the  airflow,  but  at  the  same  time  tne  air  outside  the 
boundary  layer  must  be  ionized.  This  is  a  relatively  untried  system  and 
requires  considerable  development.  There  is  a  chance  that  the  discharge 
points,  ion  stream,  or  detectors  might  cause  interference  with  the  radar. 

Sonic 


It  is  possible  to  obtain  angle  of  attack  by  measuring  the  time  for  a 
sonic  pulse  to  travel  between  a  source  and  receiver  located  in  the  air 
stream.  From  Fig.  32  it  is  seen  that 

v*t2  =  Vft2  +/2  -  2Vftf cos  (0  +  oj  )  (90) 


where 

V s  is  velocity  of  sound 
Vf  is  velocity  of  airplane 
t  is  sound  transit  time 

f  is  distance  between  source  and  receiver 

0  is  angle  between  fuselage  reference  line  and  line  between 
source  and  receiver 
is  angle  of  attack 
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Solving  for  the  angle  of  attack, 


aL  =  -  6  +  cos"  1 


F jt*  -  Vjt2  +  f* 
ZVftf 


(91) 


This  system  uses  the  velocity  of  the  airplane  and  the  speed  of 
sound  in  obtaining  the  angle  of  attack.  It  is  possible  (Fig.  33)  to  use  two 
receivers  and  to  obtain  the  angle  of  attack  without  knowing  the  speed  of 
sound.  The  angle  of  attack  is  given  by 


It  is  still  necessary  to  measure  the  local  velocity  of  the  air  stream. 
By  using  three  receivers  it  is  possible  to  eliminate  the  airplane  velocity 
from  the  equation. 

For  the  receiver  to  pick  up  the  sound  at  Mach  1  or  greater,  the 
following  equation  must  be  satisfied: 

1 

sin  (9  +  a)  &  (93) 

a 

At  high  Mach  numbers  this  limits  the  range  of  attack  angle  that  may  be 
measured.  For  example,  at  M  =  3.0,  with  6  -  15  degrees,  the  maximum 
total  measurable  range  of  angle  of  attack  is  only  10  degrees. 

In  a  sonic  system  the  sound  source  has  to  be  supported  in  a  manner 
such  that  the  supporting  structure  does  not  interfere  (through  creating 
shockwaves,  turbulence,  etc.  )  with  the  flow  of  sound  pulses  past  the 
source  and  receivers.  The  system  requires  a  considerable  amount  of 
electronic  equipment,  as  it  is  necessary  to  generate  sharp  pulses,  mea¬ 
sure  transit  times,  and  compute  local  angle  of  attack  from  the  transit 
times.  Figure  34  is  a  block  diagram  of  a  possible  system. 

Cornell  Aeronautical  Laboratory  has  done  a  considerable  amount 
of  theoretical  and  experimental  work  on  a  sonic  true  airspeed  and  Mach 
number  indicator.  This  work  is  presented  in  Ref.  27. 
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Fig.  34.  Sonic  angle  of  attack  indicator 


Fig.  35.  Vector  resolution  of  airspeed 
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The  sonic  method  of  measuring  angle  of  attack  requires  extensive 
computing  and  measuring  equipment,  presents  installation  problems,  and 
requires  some  transducer  development.  Because  there  are  no  unique 
advantages  of  this  system  over  others,  it  was  not  investigated  further. 


Atmospheric  Reflection 

A  study  has  been  made  to  see  whether  it  is  possible  to  use  atmos¬ 
pheric  reflection  of  electromagnetic  radiation  to  determine  the  true  angle 
of  attack.  The  system  proposed  uses  the  Doppler  frequency  shift  of  the 
reflected  radiation  to  measure  the  velocity  of  the  airplane  with  respect 
to  the  air  mass.  Figure  35  presents  the  geometry  from  which  the  equa¬ 
tion  for  this  system  is  developed.  Here  velocity,  F,  ,  is  the  component 
of  true  airspeed  resolved  at  an  angle  with  respeet  to  the  airplane  ref¬ 
erence  line.  Similarly,  V2  is  the  component  resolved  at  an  angle  -9. 
These  are  the  velocities  measured  by  reflected  radiation: 


F,  =  Ffcos  (6  +  a)  =  Fr(cOs  6  cos  a  -  sin  6  sin  a) 

V2  -  Frcos  (£?  -  a)  =  FT(cos  6  C06  a  +  sin  8  sin  a) 

By  combining  these  equations, 

V2  +  F,  =  2Vr  cos  9  cos  a 

F,  -  F,  =  2Vt  sin  8  sin  a 

from  which 

F2  -  F, 

tan  a  -  -  cot  9 

F2  +  F, 


(94) 


(95) 


By  suitable  gating  of  the  transmitter  and  receivers  it  is  possible  to  mea¬ 
sure  the  radiation  from  only  a  portion  of  the  air  mass.  It  has  been  de¬ 
termined  that  light  reflections  from  the  air  mass  approximately  10  to  30 
yd  ahead  of  the  airplane  can  be  detected. 

This  system  computes  the  true  angle  of  attack  without  the  use  of  a 
correction  computer.  Unfortunately,  the  Doppler  shift  is  small,  a  frac¬ 
tion  of  an  angstrom,  and  present  equipment  for  measuring  shifts  of  this 
order  of  magnitude  is  large  and  sensitive  to  vibration.  Therefore  this 
system  is  not  suitable  for  airborne  use.  It  is  possible  that  in  the  future 
new  equipment  applicable  to  this  problem  will  be  developed  as  radar  tech¬ 
niques  are  applied  to  the  optical  region  of  the  spectrum. 
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SENSOR  LOCATIONS 


GENERAL 

All  of  the  systems  studied,  except  lift  mechanization  and  electro¬ 
magnetic  reflection,  measure  the  local  angle  of  attack  at  the  sensor  loca¬ 
tion  and  require  a  correction  computer  to  convert  this  to  true  angle  of 
attack.  The  difference  between  true  and  local  angles  of  attack  is  called 
position  error  and  is  a  function  of  Mach  number,  angle  of  attack,  angle 
of  yaw,  and  the  location  of  the  sensor.  It  is  important  to  select  the  opti¬ 
mum  location  for  a  sensor  because  the  complexity  of  the  computer  and 
the  accuracy  with  which  it  computes  true  angle  of  attack  are  functions  of 
sensor  location. 


Several  possible  sensor  locations  are  discussed  in  this  section. 

These  locations  are  shown  in  Fig.  36,  along  with  a  tabulation  of  their 
advantages  and  disadvantages.  In  general,  the  position  error  is  reduced 
if  the  sensor  is  mounted  on  a  boom  ahead  of  the  aircraft,  and  the  cross 
coupling  between  pitch  and  yaw  is  reduced  if  the  sensor  is  mounted  in  a 
horizontal  or  vertical  plane  of  symmetry.  At  subsonic  speeds  all  locations 
have  a  position  error,  but  at  supersonic  speeds  pressure  disturbances 
cannot  be  propagated  upstream.  The  position  error  is  zero  for  sensors 
located  ahead  of  the  aircraft  shock  wave.  As  a  shock  wave  passes  a  sen¬ 
sor  location,  a  large  change  in  the  local  angle  of  attack  occurs.  A  loca¬ 
tion  is  undesirable  if  the  Mach  number  for  shock  wave  passage  varies 
with  aircraft  yaw  and  pitch. 

WING 


A  sensor  located  on  the  wing  is  subject  to  large  subsonic  position 
errors.  For  example,  Ref.  28  indicates  that  the  subsonic  position  error 
for  a  38-in.  boom  mounted  on  the  wing  of  an  F7F-1  ,s  1.6  degrees  at  zero 
angle  of  attack  and  increases  linearly  to  3.  8  degrees  at  a  5-degree  angle 
of  attack.  There  are  several  sources  of  position  error  when  the  sensor 
is  mounted  outboard  on  the  wing.  Some  of  these  errors  are  caused  by 
wing  deflections  in  flight  and  by  permanent  deflection  of  the  wing  as  the 
aircraft  ages.  In  addition,  the  Mach  number  for  shock  wave  passage  over 
the  sensor  varies  with  yaw  angle.  In  most  instances  sensors  must  be  lo¬ 
cated  on  both  wing  tips  to  average  cut  the  effects  of  cross  flow. 
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fig.  36.  Comparison  of  possible  external  sensor  locations 


When  the  sensor  is  located  on  the  inboard  section  of  the  iring  it  is 
in  the  distorted  flow  field  of  the  fuselage ,and  sensors  are  required  on 
both  sides  of  the  fuselage  to  eliminate  blanketing  and  cross -flew  effects 
when  the  aircraft  is  yawed.  At  supersonic  speeds  a  number  ot  shock 
waves  are  generated  by  protuberances  on  the  fuselage,  and  thi  »e  will 
cause  changes  in  the  local  angle  of  attack  as  they  pass  the  sensor 
location. 

VERTICAL  FIN 

In  most  ways  the  position  errors  of  a  sensor  mounted  on  the  verti¬ 
cal  fin  are  similar  to  those  of  a  wing  sensor,  with  pitch  and  yaw  effects 
interchanged.  There  are  some  additional  sources  of  error  si.rh  as  mo¬ 
tion  of  the  sensor  due  to  fuselage  deflections,  turbulence  from  the  fuse¬ 
lage,  and  buffeting  at  high  angles  of  attack.  Some  sensors  lo: ited  on 
the  fin  are  always  aft  of -the  shock  wave  and  thus  have  position  errors 
throughout  the  entire  flight  envelope. 

FUSELAGE 

The  following  discussion  does  not  include  the  fuselage  lose  loca¬ 
tion,  which  is  presented  in  the  next  section.  The  position  eirar  for  other 
fuselage  locations  is  greater  than  that  for  wing  locations.  Sul  sonic allv. 

Ref.  5  indicates  that  the  position  error  for  a  probe  located  )  in.  aft  of  the 
fuselage  nose  on  a  0. 1  scale  model  of  an  F9F  aircraft  is  2.2  tegrees  at  zero 
angle  of  attack  and  increases  linearly  to  6. 1  degrees  at  a  5-Iogree  angle 
of  attack.  The  sensor  always  has  a  supersonic  position  error,  as  it  is 
located  behind  the  aircraft  shock  wave  at  all  speeds.  This  lujersonic 
position  error  is  difficult  to  analyze  because  it  may  be  affected  by  pro¬ 
tuberances  forward  of  the  sensor  or  even  by  skin  rippling. 

Because  the  sensor  must  extend  beyond  the  boundary  a/er,  it 
should  be  mounted  on  a  forward  section  of  the  fuselage  where  this  layer 
is  thin.  Previous  work  (Ref.  28)  has  shown  that  the  best  fuselage  loca¬ 
tion  is  in  the  horizontal  (xy  )  plane  of  the  fuselage  reference  line.  Such 
a  location  requires  symmetrical  mounting  of  a  sensor  on  es.ch  side  of 
the  fuselage  to  eliminate  blanketing  and  cross-flow  effects  vl  en  the  air¬ 
craft  is  yawed.  If  the  system  is  not  required  for  nega.tive  angle  o.i 
attack  it  is  possible  that  one  sensor  underneath  the  fuselagn  will  be  suf¬ 
ficient.  Such  a  sensor  would  be  subject  to  damage  from  debris  flying 
off  the  runway  during  takeoff  and  landing. 
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An  ideal  location,  from  considerations  of  sensor  operation  alone, 

:is  on  a  fuselage  nose  boom  because  the  supersonic  position  error  is  zero 
and  the  subsonic  error  is  small.  For  example,  the  subsonic  position  er¬ 
ror  for  a  36 -in.  boom  mounted  on  the  nose  of  an  F7F-1  aircraft  is  zero 
for  a  zero  angle  of  attack  and  increases  to  only  1  degree  at  a  5-degree 
ingle  of  attack  (Ref.  28).  Because  the  boom  can  be  fairly  short  its  cross 
section  need  not  be  very  large  to  provide  structural  rigidity.  The  chief 
objection  to  a  fuselage  nose  location  is  that  it  may  create  radar  interfer¬ 
ence  if  the  aircraft  has  a  nose  radar  installation. 

Radar  Interference  with  Subsonic  Radomes 

Subsonic  radomes  are  normally  hemispherical  or  oblately  ellipsoidal 
:.n  shape,  such  configurations  providing  small  boresight  errors  and  good 
power  transmission.  A  boom  on  the  axis  of  such  a  radome  causes  serious 
boresight  errors  and  power  losses.  A  boom  located  along  the  side  of  the 
radome  and  projecting  ahead  of  the  main  shock  wave  does  not  necessarily 
;iffect  radar  performance  and  provides  good  sensor  location  for  appropri¬ 
ate  polarization  of  the  radar  energy. 

Tests  of  such  a  boom  on  the  F-100  aircraft  were  performed  by  NAA. 
The  radome  used  was  more  streamlined  than  the  usual  subsonic  radome, 
but  the  results  are  qualitatively  pertinent.  These  tests  showed  that  the 
change  in  radiation  pattern  due  to  installation  of  the  boom  was  not  meas¬ 
urable  in  those  portions  of  the  pattern  having  a  power  level  of  1  percent 
or  greater.  Limitations  of  the  equipment  used  prevented  measurements 
ior  power  levels  less  than  1  percent. 

Radar  Interference  with  Supersonic  Radome s 

With  the  advent  of  supersonic  aircraft,  it  became  necessary  to 
streamline  the  radome  to  minimize  drag  and  to  reduce  radome  erosion. 

The  resulting  high-fineness-ratio,  conical,  or  ogival  radomes  have  con¬ 
fide  r  able  boresight  errors  and  power  transmission  losses.  Where  a 
transmission  null,  or  even  a  blind  spot,  exists  along  the  radome  axis,  a 
loom  or  a  metal  plate  mounted  in  the  nose  of  the  radome  actually  in¬ 
creases  the  power  transmitted  in  this  direction.  Ah  investigation  to  de¬ 
termine  the  probable  effect  of  mounting  a  boom  on  a  streamlined  super¬ 
sonic  radome  has  produced  the  following  information: 

1.  NAA  radar  engineers  believe,  from  their  experience  and  pre¬ 
liminary  computations,  that  a  small  sensor  on  the  radome  tip  will  not 
produce  excessive  interference  when  used  with  a  practical  supersonic 
radome. 
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2.  Radar  engineers  at  Hughes  Aircraft  Company  state  that  they 
anticipate  no  difficulty  from  a  sensing  device  on  the  aircraft  nose  for¬ 
ward  of  the  radar.  Their  opinion  is  undoubtedly  based  upon  their  experi 
ence  in  developing  a  radome  and  fire  control  system  for  the  Convair 
F-102A  (which  has  a  nose  boom  on  its  radome)  and  upon  the  test  data 
which  follow. 


a.  Test  measurements  of  Mach  number,  true  airspeed,  and 
angles  of  attack  and  yaw  were  made  with  a  sensor  on  the  tip  of  a 
boom  mounted  on  a  conical  radome.  For  accurate  flight  data,  the 
shortest  boom  possible  was  18  in.  ,  tapered  down  from  a  base  di¬ 
ameter  of  2.  5  in.  The  boom  and  sensor  contributed  no  detrimental 
effects  on  the  accuracy  and  bore  sighting  of  the  radar  as  the  radome 
had  a  4.0 -in.  blind  spot  forward  along  its  axis;  actually,  mounting 
of  the  boom  on  the  radome  removed  this  blind  spot. 


b.  Boresight  errors  of  the  order  of  3  to  4  mils  were  experienced 
with  a  3.  5-in.  diameter  boom  on  an  F-102  radome.  These  were 
considered  acceptable  errors. 


3.  The  McMillan  Laboratories  have  actively  studied  distortions  in 
radar  fields  due  to  radome s  and  other  objects  in  the  near  field.  The  fol¬ 
lowing  information  has  been  obtained  from  them:  some  of  it  in  reports, 
and  some  from  conversations  with  their  personnel. 


a.  Tests  on  a  15-degree  conical  radome  with  walls  having  high  re¬ 
flection  ratio  showed  a  minimum  or  null  area  in  the  pattern  along 
the  radome  axis  of  symmetry.  This  null  effect  was  the  same  when 
the  radome  was  slightly  truncated  and  the  tip  left  open,  indicating 
that  the  tip  shape  is  relatively  unimportant.  An  extensive  series 
of  experiments  was  made  to  discover  the  effects  of  covering  the 
open  tip  with  a  disk.  It  was  found  that  the  null  in  the  center  of  the 
pattern  may  be  made  to  disappear,  or  at  least  to  decrease,  by  the 
use  of  a  metal  disk  of  proper  size  and  location;  however,  the  pat¬ 
tern  was  still  slightly  distorted.  Test  results  were  similar  for 
high-fineness -ratio  cones  and  ogives.  It  is  believed  that  the  power 
loss  in  the  center  of  the  pattern  is  caused  by  adverse  reflection  of 
the  radar  beam  from  the  radome  walls. 

b.  Tests  of  a  hemispherical  radome  with  de-icing  wires  in  the 
radome  grating  (structural  ribs)  showed  that  the  wires  caused  no 
noticeable  boresight  shift. 


WADC  TR  54-267 


-  87 


c.  A  30 -degree  conical  radome  with  a  total  head  orifice  in  the 
apex  of  the  cone  and  nonmetailic  pressure  lines  within  the  grating 
was  found  to  have  a  boresight  error  of  0.  05  degree  per  degree  of 
antenna  rotation. 


The  preceding  data  indicate  that,  with  high  fineness  ratio.,  super 
sonic  radome s.  mounting  the  sensor  on  a  fuselage  nose  boom  does  not 
seriously  reduce  radar  performance. 
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COMPONENTS 


SENSORS 

Pressure  Sensors 


In  studying  angle  of  attack  systems  that  use  pressure  sensors,  it 
was  thought  worth  while  to  investigate  the  range  of  pressures  to  be  meas¬ 
ured  to  provide  0,  1 -degree  accuracy  over  the  wide  range  of  the  flight  en¬ 
velope.  Also,  a  search  of  the  literature  was  made  to  find  out  what  meth¬ 
ods  are  available  for  measuring  pressure  over  a  wide  range  and  with  a 
high  degree  of  accuracy. 


All  of  the  pressure  angle  of  attack  systems  measure  a  differential 
pressure,  AP  =  P\  -  Pi  ,  and  some  divide  A  P  by  Pi  -  Ps  to  get  the  first- 
order  term  in  the  computations  of  local  angle  of  attack.  Most  of  the  ex¬ 
perimental  information  on  pressure  angle  of  attack  sensors  is  g^ven  in 


A  P 


terms  of 


Pi  - 


vs.  aL  ,  from  which  a  representative  value  of 


A  P 


PI  - 


da] 


could  be  obtained.  Knowing  this  and  the  flight  envelope,  it  was  possible 
to  get  the  following  range  of  pressures  to  be  measured  and  to  estimate 
the  accuracy  required  for  an  error  of  0.  1  degree  in  angle  of  attack: 


Static  pressure  (absolute)  0.15  to  15  psi  (±0.00025  psi) 

Total  pressure  (absolute)  0.  42  to  37  psi  (±0.  00025  psi) 

Pt  and  P2  (for  ±15  degree  range  of  aL)  0  to  ±9  psi  (±0.00025  psi) 


The  extreme  accuracy  of  ±0.  00025  psi  is  needed  to  sense  a£  to 
0.  1  degree  while  flying  at  90  knots.  If  it  is  decided  that  the  0.  1 -degree 
accuracy  is  not  needed  over  the  entire  flight  range,  this  requirement  can 
be  reduced. 


Many  methods  are  available  for  measuring  low  pressures  accu¬ 
rately,  but  only  three  basic  gages  were  found  that  showed  possibilities 
for  measuring  all  values  from  sea  level  to  100,  000  ft:  an  ionization  gage, 
the  General  Electric  moleciilar  gage,  and  the  conventional  displacement 
or  force-type  gages  using  bellows,  diaphragms,  or  bourdon  tubes. 

The  ionization  type  has  been  developed  by  the  National  Research 
Corporation  (Ref.  16).  This  gage  uses  alpha  particles  from  radium  to 
ionize  the  gas.  The  resulting  ionization  current  between  two  charged 
electrodes  is  a  function  of  pressure.  With  this  instrument  some  temper¬ 
ature  and  water  vapor  content  corrections  are  necessary. 
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Fig .  37.  Closed-cycle  pressure 


This  gage  is  sold  commercially  with  a  range  from  0.  000002  psi  to 
20  psi.  Present  information  indicates  that  over  some  of  the  range  the 
same  output  is  given  by  two  different  pressures.  This  increases  the 
complexity  of  measuring  pressure.  Also,  the  current  resulting  from  the 
ionization  is  small  and  needs  amplification  to  be  used  in  a  computer  cir¬ 
cuit.  The  ionization  sensing  element  is  very  rugged,  but  overall  depend¬ 
ability  is  determined,  to  a  large  degree,  by  the  associated  electronics. 

The  molecular  vacuum  gage  is  manufactured  by  General  Electric 
Company.  The  air  whose  pressure  is  to  be  measured  is  set  in  motion  by 
a  simple  centrifugal  blower  and  directed  against  a  stationary  turbine. 

The  torque  produced  by  the’ turbine  is  a  function  of  gas  pressure  and  tur¬ 
bine  speed.  It  is  expected  that  the  readings  of  this  gage  must  be  cor¬ 
rected  for  temperature  and  for  the  presence  of  anything,  such  as  water 
vapor,  that  changes  the  molecular  weight  of  air. 

The  centrifugal  blower  may  be  run  at  constant  speed,  allowing  the 
torque  to  vary;  or  the  torque  may  be  held  constant  and  the  motor  speed 
varied.  The  latter  method  is  preferable,  as  it  does  not  require  a  con¬ 
stant  frequency  for  constant  motor  speed.  Electromechanical  speed  and 
torque  transducers  are  required  to  convert  these  quantities  into  voltages 
for  the  computer.  Although  this  gage  is  manufactured  only  in  a  range 
from  0  to  0.  4  psi,  there  appears  to  be  no  reason  why  it  could  not  operate 
over  a  greater  range. 

Displacement-type  gages  are  made  in  a  variety  of  forms,  but  they 
all  measure  pressure  directly  by  the  deformation  of  a  bellows,  diaphragm, 
or  bourdon  tube.  It  is  doubtful  that  such  a  pressure  sensor  could  be  made' 
adaptable  to  aircraft  use  over  the  above  ranges  with  ±0.  00025-psi  accu¬ 
racy.  That  is,  the  metal  would  have  to  be  sufficiently  flexible  to  measure 
a  deflection  for  0.  00C25  psi,  bit  be  able  to  deflect  to  140,  000  times  this 
amount  without  any  measurab1  -  hysteresis  or  zero  drift  effects. 

This  problem  .iay  be  solved  by  a  force -balance  system  where  the 
deflection  element  is  allowed  to  deflect  only  enough  to  cause  an  error 
signal.  This  error  signal  is  amplified  and  used  to  apply  a  force  to  bal¬ 
ance  the  pressure  force  of  the  deflecting  element.  In  this  way  the  pres¬ 
sure  displacement  element  is  not  allowed  to  deform  to  such  an  extent 
that  hysteresis  and  other  errors  occur. 

NAA  has  developed  pressure  transducers  (Fig.  37)  which  balance 
the  torque  of  a  twisted  bourdon  tube  by  a  spiral  spring.  The  number  of 
rotations  of  the  spring  needed  to  balance  the  pressure  torque  is  the  out¬ 
put  signal.  This  transducer  is  sensitive  to  somewhere  between  0.  00036 
and  0.0007  psi.  Preferences  9  and  38  describe  a  diaphragm  gage  and  a 
nine-turn  bourdon  tube  which  are  sensitive  to  0.  0002  psi. 
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Fig.  38.  Methods  of  measuring  force 


Fig.  39.  A  sensitive  force-measuring  system 
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Because  displacement  gages  measure  pressure  directly,  no  com¬ 
pensation  is  needed  except  for  those  effects  due  to  thermal  expansion  of 
mechanical  parts.  These  effects  can  be  automatically  compensated  for 
by  a  choice  of  suitable  materials. 

An  advantage  of  the  diaphragm  bellows  or  bourdon-type  gage  is 
that  one  gage-  can  be  used  to  measure  the  difference  between  two  pres¬ 
sures.  It  thus  takes  the  place  of  two  gages  of  the  ionization  or  molecular 
type.  The  maximum  error  allowed  in  measuring  pressure  can  be  in¬ 
creased,  or,  in  other  words,  <ewer  errors  are  introduced  by  the  pres¬ 
sure  transducers.  The  ranges  of  pressure  and  errors  using  differential 
pressure  gages  are  shown  below: 

(PT  -  Ps  )  0.  19  to  29  psi  (±0.  0005  psi) 

(P,  -P2  )  =  AP  (for  aL  =  ±15°)  0  to  ±18  psi  (±0.0005  psi) 

An  additional  benefit  is  realized  when  the  differential  pressure  forces 
can  be  connected  directly  to  a  mechanical  divider,  as  discussed  in  the 
portion  of  this  chapter  entitled  "Computers.  " 

In  view  of  the  above  facts,  it  would  seem  possible  and  desirable  to 
use  displacement-type  pressure  elements  with  the  pressure  angle  of 
attack  sensors.  Special  pressure  transducers  must  be  developed,  but 
present  knowledge  and  skills  indicate  that  they  can  be  built. 

Force  Sensors 


The  force  sensors  required  must  measure  force  to  a  high  degree 
of  accuracy  over  a  large  range.  In  doing  this  the  sensor  must  be  re¬ 
strained  from  motion,  so  as  to  keep  out  unwanted  effects.  One  way  is  to 
attach  the  sensing  and  restraining  elements  together  in  a  single  unit. 
Figure  38,  A  shows  a  system  where  strain  gages  are  used  to  measure 
bending. 

Another  possible  procedure  is  to  provide  the  sensing  surface  with 
a  hinge  along  the  /-axis.  In  this  arrangement  two  preloaded  strain  gage 
wixes  restrain  the  surface  (Fig.  38,  B).  The  normal  force  adds  to  the 
tension  of  one  wire  and  re'lieves  the  tension  of  the  other.  Two  such 
strain  gage  wires  built  into  a  bridge  provide  temperature  compensation, 
as  well  as  intelligence  for  the  normal  force.  An  "E"  pickoff  and  a  re¬ 
straint  (Fig.  38,  C)  could  also  be  used.  "E"  pickoffs  are  expected  to 
afford  a  wider  range  output  signal  for  a  given  displacement  than  will 
strain  gages.  The  systems  shown  in  Fig.  38  allow  the  force  sensor  to 
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move  a  slight  amount.  If  these  are  used  they  must  be  designed  for  a 
limited  movement  that  will  not  introduce  errors. 

A  more  sensitive,  but  more  complicated,  restraint  can  be  obtained 
by  using  a  servo  arrangement  (Fig.  39),  which  functions  in  the  following 
manner.  When  a  load  is  applied  to  the  vane,  causing  it  to  deflect,  the 
electrical  pickoff  detects  an  error  and  immediately  signals  the  amplifier 
and  the  electric  motor.  The  motor  deflects  the  calibrated  spring  in  such 
a  way  as  to  develop  a  force  which  restores  the  vane  to  zero  deflection. 

The  deflection  of  the  spring  is  thus  directly  proportional  to  the  force  N . 

The  spring  calibration  factor  is  determined  empirically.  In  de¬ 
flecting  the  spring,  the  motor  revolves;  these  revolutions  are  counted  on 
a  coarse  counter,  C  , ,  which,  through  proper  gearing,  is  connected  to  a 
fine  counter,  C2  .  The  readings  from  the  coarse  and  the  fine  counters 
are  summed  and  fed  into  the  computer.  A  tachometer  connected  with  the 
motor  provides  a  derivative  term  for  damping.  Systems  such  as  this 
produce  accurate  results  and  are  currently  used  in  many  instruments. 

The  mechanical  spring  discussed  above  can  be  replaced  by  other 
means,  such  as  an  electrical  torquer,  to  provide  stiffness  to  the  system. 
The  current,  I  ,  in  the  torquer  is  then  proportional  to  the  normal  force 
on  the  vane.  A  derivative  term,  dl'/dt  ,  provides  the  damping  of  the 
system.  The  speed  of  response  of  this  type  system  is  greater  than  that 
of  a  system  utilizing  an  electric  motor. 

All  of  the  above  methods  for  measuring  force  must  be  able  to  sense 
the  change  in  force  due  to  a  0.  1 -degree  change  in  angle  of  attack,  a 
change  especially  small  at  low  speeds.  The  ratio  of  accuracy  required 
to  the  range  of  force  to  be  measured  is  of  the  same  order  of  magnitude  as 
that  for  the  pressure  sensors,  approximately  1  part  in  50,  000.  The  sys¬ 
tems  shown  in  Fig.  38,  A  and  B  use  strain  gages  to  measure  the  deflec¬ 
tion  of  a  member,  but  present  experience  with  strain  gages  indicates  that 
they  would  be  unsuitable  for  this  use.  System  C  uses  an  "E"  type  pickoff, 
which,  it  is  believed,  affords  better  sensitivity  than  strain  gages. 

The  system  shown  in  Fig.  39  could  be  designed  to  produce  the  de¬ 
sired  results.  However,  the  systems  shown  in  both  Fig.  38  and  39  re¬ 
quire  a  friction-free  bearing  for  maximum  sensitivity.  This  brings  up 
the  problem  of  sealing  the  bearing  against  external  environment  while 
still  maintaining  the  pivot  as  frictionless  as  possible.  In  this  respect  the 
restrained  vanes  have  the  same  problem  as  movable  vanes. 
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Acceleration  Sensors 


The  only  system  which  requires  knowledge  of  acceleration  is  mech¬ 
anization  of  the  lift  equation.  In  the  computer  previously  presented,  it  is 
assumed  that  a  passive-type  inductive  pickoff  accelerometer  is  used.  By 
adding  the  fixed  and  variable  components  of  weight  in  the  accelerometer, 
the  computer  is  simplified.  It  is  believed  that  the  simple  and  reliable 
passive-type  accelerometers  are.. sufficiently  accurate  for  the  lift  mech¬ 
anization  application. 

The  accuracy  of  resistive  pickoff  accelerometers  is  limited  by  the 
resolution  problem  .  Strain-gage  types  are  used  in  flight  test  only  be¬ 
cause  calibration  and  output  voltage  amplification  can  be  tolerated  there. 
The  inductive  pickoff  accelerometer  is  linear,  not  limited  by  resolution, 
and  provides  a  large  output  voltage.  It  is  therefore  considered  to  be  a 
superior  passive -element-type  accelerometer. 

Closed-loop  or  force -balance  accelerometers  are  worthy  of  con¬ 
sideration  because  of  their  inherent  accuracy  potentialities  and  the  form 
of  the  output  intelligence.  One  of  these  types,  manufactured  by  the  Donner 
Scientific  Company,  uses  a  D'Arsonval  current-sensitive  meter  movement 
with  an  unbalanced  mass  arm  attached.  Balance  between  two  opposing 
torques  is  produced,  one  torque  being  proportional  to  the  acceleration  of 
the  unbalanced  mass  and  the  opposing  torque  proportional  to  the  current 
in  the  meter  movement  coil.  The  coil  and  mass  assembly  is  prevented 
from  deflecting  under  acceleration  by  sending  through  the  meter  coil  a 
current  of  such  magnitude  and  in  such  a  direction  that  an  opposing  torque 
is  produced  of  precisely  the  same  magnitude  as  the  torque  due  to  accel¬ 
eration. 

If  the  applied  acceleration  is  varied,  the  current  through  the  meter 
coil  is  likewise  varied  to  maintain  the  torque  balance  condition.  With  the 
provision  that  the  torque  due  to  current  is  proportional  to  current  in  the 
position  of  zero  deflection  of  the  mass,  the  equivalence  of  opposing  torques 
ensures  that  acceleration  normal  to  the  pointer  and  to  the  pivot  axis  is 
measured  by  the  current  in  the  coil  necessary  to  maintain  zero  deflection. 
Because  the  torque  balance  is  established  by  a  d-c  current  flowing  in  the 
coil  of  the  meter  movement,  the  situation  is  ideal  for  introduction  into  the 
control  coil  of  a  magnetic  amplifier  device.  A  d-c  voltage  can  be  obtained 
as  the  voltage  drop  across  a  precision  wire -wound  resistor  in  the  coil 
circuit. 

Another  closed-loop  instrument,  developed  by  North  American 
Aviation,  Inc.  ,  employs  a  principle  similar  to  that  of  the  Donner  instru¬ 
ment  described  above.  This  instrument  is  of  the  precision  type  and 
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MOUNTED  SO  SENSITIVE  FACE  OF  PROBE  IS  FLUSH  WITH 
AIRPLANE  SKIN.  PREFERRED  LOCATION  ON  BOTTOM  £ 
BETWEEN  WING  ROOTS 

Fig.  41.  Flush-mounted  temperature  probe 
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provides  excellent  performance.  Its  normal  application  is  the  measure¬ 
ment  of  distance  traveled  through  double  integration  of  acceleration  com¬ 
ponents.  The  seismic  element  consists  of  a  spring-restrained,  rotatable 
motor  frame  which  supports  an  unbalanced  mass.  The  unknown  torque, 
developed  by  acceleration  perpendicular  to  the  mass  arm  and  to  the  motor 
axis,  is  opposed  by  the  reaction  torque  of  the  armature  driven  by  the  fol¬ 
lowup  amplifier.  The  current  in  the  armature  is  then  a  measure  of  this 
acceleration.  A  variable  reluctance  pickoff amplitude  modulates  a  400- 
cps  carrier,  in  contrast  to  a  capacitance  pickoff,  which  produces  fre¬ 
quency  modulation  of  an  r-f  oscillator  in  the  Donner  device. 

Temperature -probing  Sensor 


Air  temperature  is  needed  for  the  calculation  of  angle  of  attack 
with  the  hot-wire  anemometer  and  for  use  with  a  flight  data  computer  if 
true  airspeed  or  air  density  is  required.  Some  of  the  possible  ways  of 
measuring  air  temperature  are  by  stagnation  probe,  flush-mounted  probe, 
vortex  them .ometer,  or  infrared  methods. 


The  stagnation  and  flush-mounted  probes  convert  a  portion  of  the 
velocity  energy  of  the  air  into  a  temperature  rise.  The  probe  tempera¬ 
ture  is  related  to  the  total  temperature  by 


T probe 


=  T. 


'l+Xr0.2M* 

11+0.2  M2 


(96) 


where  Kr  is  the  temperature  recovery  factor. 

The  temperature  measured  by  a  stagnation  probe  is  close  to  the 
total  temperature:  that  is,  the  value  of  Kr  is  close  to  unity.  For  a  given 
probe  Kr  varies  slightly  with  Mach  number  and  altitude.  The  general  con¬ 
struction  is  a  two-  or  three -walled  cylinder  open  at  the  forward  end. 
Figure  40  shows  a  two-walled  probe.  The  air  is  allowed  to  flow  slowly 
through  the  inner  and  outer  cylinders,  its  rate  of  flow  controlled  by  holes 
in  the  rear.  A  resistance  or  thermocouple  element  is  located  in  the  in¬ 
ner  cylinder  to  convert  air  temperature  into  an  electrical  signal.  The 
purpose  of  flow  through  the  outer  cylinder  is  to  maintain  it  near  the  total 
temperature,  so  as  to  reduce  radiation  from  the  inside  thermocouple  or 
resistance  element  to  the  outside  and  to  reduce  radiation  from  the  sun  to 
the  inside  elements. 


This  probe  is  subject  to  icing,  which  can  be  prevented  by  locating 
heating  wires  in  the  outside  surface.  Care  must  be  taken  in  this  design 
that  no  error  is  introduced  into  the  temperature  readings.  This  type  of 
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probe  is  usually  located  on  a  nose  boom  or  some  such  location  to  get  as 
unobstructed  a  sample  of  the  free  stream  as  possible.  It  is  simple  in 
construction  and  when  designed  skillfully  gives  good  accuracy  and  time 
response. 

The  flush-type  probe  consists  of  a  small,  flat  plate  with  some  re¬ 
sistance  wire  cemeqted  to  the  back  of  it.  The  plate  is  mounted  flush  with 
the  fuselage  skin  and  insulated  from  it.  Figure  41  shows  a  typical  de¬ 
sign.  The  same  equation  applies  to  this  type  probe  as  to  the  stagnation 
type.  However,  the  value  of  Kr  is  not  so  near  unity  and  varies  consider¬ 
ably  with  Mach  number,  altitude,  and  location  on  the  fuselage.  For  this 
reason  in-flight  calibration  is  required.  The  probe  shown  has  a  large 
time  response  because  of  the  comparatively  large  mass  of  metal  used  for 
sensing  temperature.  This  could  be  minimized  by  reducing  the  size  and 
thickness  of  the  metal.  It  is  also  subjected  to  radiation  from  the  outside 
and  can  radiate  heat  itself.  As  it  can  be  located  in  the  skin  of  the  fuselage, 
it  is  not  subjected  to  icing. 

The  vortex  thermometer  measures  the  static  air  temperature.  It 
does  this  by  cooling  the  air  sufficiently  to  bring  it  down  to  the  static  tem¬ 
perature.  It  works  on  the  principle  that  the  air  at  the  center  of  a  vortex 
is  at  a  reduced  pressure  and  hence  at  lower  temperature  than  the  air 
at  the  outside  of  the  vortex.  Because  le  vc  rtex  is  fed  by  air  directly 
from  the  air  stream,  its  velocity  is  a  function  ox  the  free  stream  velocity; 
hence  the  cooling  is  a  function  of  the  free  stream  velocity.  By  proper  de¬ 
sign  this  cooling  effect  counteracts  the  heating  effect  of  slowing  down  the 
free  stream  air,  thus  allowing  a  thermometer  to  read  static  temperature. 
Reference  75  describes  an  axial  flow  vortex  thermometer  with  an  accu¬ 
racy  of  ±0.  2  degree  F  up  to  435  knots.  It  is  uncertain  how  well  this  prin¬ 
ciple  will  work  at  higher  speeds,  where  compressibility  effects  predom¬ 
inate. 


The  infrared  method  of  measuring  free  air  temperature,  as  the 
name  implies,  measures  the  infrared  radiation  from  the  air  in  a  cone  of 
apace  ahead  of  the  aircraft.  It  is  theorized  that  the  radiation  from  air 
far  ahead  of  the  aircraft  (several  miles)  is  attenuated  greatly  and  will  not 
contribute  much  to  a  reading.  Also,  the  radiation  from  the  air  that  is 
affected  by  the  aircraft  will  add  little  because  of  the  small  amount  of  air  ' 
contributing  to  the  total  radiation  received.  Therefore  most  of  the  radi¬ 
ation  will  come  from  air  1/4  to  1  mile  ahead  of  the  aircraft.  This  radi¬ 
ation  should  provide  an  indication  of  the  free  air  temperature.  This  de¬ 
vice  was  described  in  Ref.  8  when  it  had  been  developed  only  to  the  labo¬ 
ratory  stage  and  had  not  been  flight-tested  to  prove  the  theory  fully. 
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Both  the  vortex  thermometer  and  the  infrared  thermometer  require 
a  computer  to  provide  total  temperature,  which  is  needed  by  the  hot-wire 
anemometer.  However,  a  flight  data  computer  needs  free  air  tempera¬ 
ture  to  compute  the  speed  of  sound,  which,  in  turn,  is  required  to  obtain 
true  airspeed. 

At  present  the  stagnation  probe  appears  to  be  developed  to  the  ex¬ 
tent  that  it  can  be  built  very  rugged,  is  simple  in  construction,  and  should 
give  accurate  results. 

COMPUTERS 

A  computer  for  the  true  angle  of  attack  system  must  perform  the 
operations  of  addition,  subtraction,  multiplication,  division,  and  function 
generation.  It  should  have  a  computing  speed  fast  enough  to  compute 
angle  of  attack  during  maneuvers  of  the  aircraft  and  an  overall  accuracy 
of  0.  1  degree,  which  is  about  0.  25  percent  of  the  full-scale  output.  An 
electromechanical  analog  computer  is  well  suited  for  this  application,  as 
it  provides  the  required  speed  and  accuracy  and,  at  the  same  time,  is 
small  and  economical. 

In  the  majority  of  systems  considered,  the  local  angle  of  attack  is 
computed  as  a  quotient  in  which  the  denominator  is  proportional  to  dy¬ 
namic  pressure  and  the  numerator  may  be  proportional  to  the  differential 
pressure  between  two  orifices,  to  the  product  of  aircraft  weight  and  ac¬ 
celeration,  or  to  the  normal  force  on  a  vane.  This  is  the  most  critical 
calculation  to  mechanize,  as  dynamic  pressure  has  a  variation  of  1  50  to  1 
over  the  desired  flight  range  and  must  be  indicated  to  an  accuracy  of 
0.  002  percent  of  full  scale.  The  accuracy  of  the  quotient  (local  angle  of 
attack)  is  reasonable:  at  most,  0.  25  percent. 

The  following  computing  methods  have  been  studied  for  possible 
application. 

Mechanical  Computers 

The  techniques  of  mechanical  computation  are  particularly  useful 
in  a  computer  with  pressure  inputs  because  computations  can  often  be 
accurately  and  easily  performed  in  the  input  transducer.  An  example  is 
the  subtraction  of  pressures  in  a  bellows  pressure  transducer,  where  one 
pressure  is  applied  to  the  inside  of  the  bellows  and  the  other  to  the  out¬ 
side.  The  resulting  displacement  of  the  bellows  is  proportional  to  the 
difference  of  the  pressures. 
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This  method  is  obviously  superior  to  one  in  which  two  pressure 
transducers  are  used  to  produce  electrical  signals  which  are  then  sub¬ 
tracted  electrically.  A  divider  can  be  constructed  using  a  simple  vari¬ 
able  lever  when  the  range  of  the  denominator  is  less  than  10  to  1.  If  the 
range  is  greater  than  this,  a  compound  lever  can  be  used.  Figure  42  is 
a  schematic  of  a  compound  lever  quotient  computer  described  in  Ref.  31. 
The  compound  computing  levers  are  Lt,  L2  ,  and  Ly  with  their  respective 
fulcrums  located  at  F|,  F a  ,  and  F3.  F*  and  Fs  are  knife  edges  whose 
function  is  to  transmit  motion  from  one  lever  to  another.  Fulcrum  Fa  is 
not  fixed,  but  is  subject  to  translation  (integrally  with  lever  L2)  by  means 
of  the  gear-rack  system.  The  lever  lengths  a  and  c  are  fixed  in  value. 
Lengths  b  and  d  are  always  equal  and  of  a  magnitude  fixed  by  the  position 
of  the  fulcrum  Fa.  The  output  is 


where 


K 


el 


a  c 

K  -  ~  and  b 
“  1 


(97) 


If  8\  is  made  proportional  to  the  divisor  this  mechanism  will  func¬ 
tion  as  a  divider.  Reference  31  describes  such  a  divider  in  which  inputs 
d%,  the  dividend,  and  0„,  the  divisor,  are  from  spring- strained  bellows. 

A  nonlinear  spring  is  used  to  make'  0*  proportional  to  the  divisor.  This 
unit  shows  promise  of  working  over  a  50  to  1  pressure  range. 

Levers  can  be  used  in  force -balance  systems.  Figure  43  is  a 
schematic  of  such  a  divider.  The  inputs  to  this  divider  are  F,  and  F 2. 
Lever  arm  a  is  fixed  while  lever  arm  X  is  variable.  The  lever  is  main¬ 
tained  at  zero  deflection  by  means  of  a  pickoff  and  servomotor,  which 
varies  X  to  keep  the  forces  balanced.  It  is  readily  seen  that  X  =  aFa/F t. 
One  disadvantage  of  this  divider  is  that  the  line  of  application  of  F,  must 
be  variable.  This  is  difficult  to  accomplish  in  practice. 

A  force  balance  divider  used  in  the  dual  sensor  system  is  presented 
in  Fig.  44.  The  inputs  to  this  divider  are  the  two  forces  F,  and  F 2,  which 
are  applied  to  two  computing  levers.  A  servo  moves  a  pair  of  rollers  to 
balance  the  forces  from  the  levers.  For  balanced  forces, 

V,  _  F*1* 

a  +  X  X 
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Solving  for  X, 


Ftl»* 

X  =  - 

V.  -  F2l2 


(98) 


By  letting  l ,  =  1 2,  Eq.  98  becomes 


X 


_ 

F,  -  Fa 


(99) 


If  F  |  is  produced  by  the  differential  pressure  AF 

AP}_sa 

APS_,,  then  X  in  this  equation  becomes 
to  the  fraction  of  Eq.  14. 


2  and  F 2  by 
similar  in  form 


Another  mechanical  divider  calculates  the  resultant  angle  of  a 
vector  addition.  If  two  forces  acting  at  right  angles  to  each  other  are 
added  vectorially,  the  angle  of  the  resultant  force  is  given  by 


F, 

tan  6  = -  (100) 

P  2 


A  method  for  mechanizing  this  equation  is  presented  in  Ref.  2,  and  a 
schematic  of  this  is  shown  in  Fig.  45.  In  this  mechanism  forces  F,  and 
F 2  are  applied  at  right  angles  to  each  other.  The  vector  sum  of  these 
forces,  transmitted  through  pivot  D  to  linkage  bar  E,  causes  it  to  rotate 
around  pivot  G.  The  resulting  displacement  of  the  pickoff  drives  the  « 
servomotor  rotating  shaft  S  and  linkage  bar  H  to  return  the  pickoff  to  zero. 
In  this  manner  a  shaft  rotation  is  established  proportional  to  arc  tan 
F,  IF 2  ,  Bind  the  linkage  configuration  constrains  the  forces  F,  and  F2  to 
zero  displacement.  The  arc  tangent  can  be  converted  into  a  tangent  by 
means  of  a  nonlinear  linkage,  nonlinear  potentiometer  or  a  loaded  poten¬ 
tiometer. 
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Fig.  46.  Function  generator  as  divider 


Potentiometer  Computers 


Potentiometers  can  be  used  for  many  computing  operations, 
potentiometer  in  the  circuit  of  Fig.  46  is  linear,  E 2  =  XE ,  .  If  the  p 
tiometer  resistance  is  a  nonlinear  function  of  wiper  position,  with 
Fj  =  f(X),  this  circuit  acts  as  a  function  generator  and  E 2  =  f{X)Et. 
making  f(X)  =  1  /X  the  circuit  functions  as  a  divider. 


By 


In  general,  the  wiper  of  the  potentiometer  will  be  positioned  by  a 
servo  system.  Frequently  one  servo  can  position  several  potentiometers, 
with  a  resulting  saving  in  space.  The  accuracy  of  this  method  of  compu¬ 
tation  depends  upon  the  accuracies  of  the  potentiometer  and  servo  system. 
Linear  potentiometers  with  accuracies  of  0.  1  percent  of  full  scale  can  be 
obtained  at  a  nominal  cost.  If  required,  potentiometers  with  linearity  of 
0.  005  percent  of  full  scale  are  available.  The  input  impedance  of  the  cir¬ 
cuit  driven  by  the  potentiometer  loads  it.  If  the  ratio  of  input  impedance 
to  potentiometer  impedance  is  low,  significant  errors  are  introduced. 

To  maintain  loading  errors  less  than  0.  005  percent,  the  input  im¬ 
pedance  of  the  circuit  should  be  at  least  300  times  the  impedance  of  the 
potentiometer.  There  are  compensation  methods  available.  However, 
as  the  effect  of  loading  errors  is  cumulative  and  applies  to  the  servo  loop 
also,  it  is  difficult  to  obtain  multipliers  with  overall  accuracies  better 
than  0.  0Z  to  0.  03  percent  of  full  scale. 

The  accuracy  of  a  nonlinear  potentiometer  depends  upon  the  function 
to  be  matched.  In  general,  it  varies  from  0.  1  to  1  percent  of  full  scale. 
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When  a  reciprocal  potentiometer  is  used  as  a  divider,  the  percentage 
accuracy  of  the  quotient  is  equal  to  the  accuracy  of  the  potentiometer  set¬ 
ting  referred  to  that  setting,  rather  than  to  full  scale.  If  a  reciprocal 
potentiometer  having  a  full-scale  accuracy  of  1/10  percent  is  used  for 
division,  the  accuracy  of  the  quotient,  when  the  divisor  has  a  value  of 
1/150  of  its  maximum  value  is  1/10/  or  1  5  percent  of  the  full- 

scale  quotient.  ' 

A  multiplier  may  be  used  for  division  if  it  is  connected  as  part  of 
a  feedback  loop  shown  in  Fig.  47.  When  a  servo  multiplier  is  used  there 
are  two  possible  configurations,  which  are  shown  in  Fig.  48  and  49.  If 
the  servo  is  not  included  in  the  feedback  loop,  the  circuit  of  Fig.  48  ap¬ 
plies.  This  is  essentially  an  operational  amplifier  with  variable  feedback 
and  is  discussed  later.  When  the  servo  is  included  in  the  feedback  loop. 
Fig.  49  applies.  Here  potentiometer  P2  functions  as  an  automatic  gain 
control  to  keep  the  gain  of  the  servo  loop  constant  for  all  values  of  y  . 
Without  this,  the  servo  gain  would  vary  by  the  same  factor  as  the  denom¬ 
inator.  Because  the  potentiometer  setting  determines  the  quotient  directly 
when  the  x  and  y  inputs  are  accurate,  the  accuracy  of  the  circuit  is  de¬ 
termined  by  the  accuracy  of  potentiometer  Pt.  AO.  1 -percent  potentiom¬ 
eter  gives  a  quotient  accurate  to  0.  1  percent  of  full  scale. 

A  servo-balanced  bridge  circuit  can  be  used  for  both  multiplication 
and  division.  The  circuit  and  equation  are  presented  in  Fig.  50.  If  two 
0.  01 -percent  potentiometers  are  used  for  division,  with  a  divisor  range 
of  1  50  to  1,  the  accuracy  of  the  quotient  is  1 . 5  Y 2,  or  about  2  percent  of 
full  scale.  The  accuracy  can  be  improved  by  range- switching  of  and 
the  sensors. 

Another  type  of  computer  uses  logarithmic  potentiometers.  The 
standard  method  of  subtracting  logarithms  is  not  directly  applicable,  as 
it  does  not  allow  the  numerator  to  change  sign.  Figure  51  is  a  schematic 
diagram  of  a  logarithmic  divider  in  which  the  numerator  may  change  sign. 
P\  ,  P2  ,  and  are  nonlinear  potentiometers.  P2  is  wound  so  that 

R  =  Rt  10M  (101) 

where 

R  is  resistance  from  wiper  to  ground 

Rt  is  total  resistance  of  potentiometer 

6  is  angular  position  of  the  wiper 

AT  t  is  a  constant 

P  i  and  P 3  are  wound  so  that 

S  =  ffjio’'1"  (102) 
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50.  Servo-balanced  bridge  circuit 


SERVO 


5. _ l 


Fig.  SI.  Logarithmic  divider 


2.  Variable  feedback  high- gain  amplifi 


) 


Pt  functions  as  a  gain  control  to  keep  Ae  servo  gain  constant.  Feedback 
from  P2  maintains  the  shaft  rotation  of  the  servo  proportional  to  log  Y, 
The  voltage  on  the  wiper  of  P 3  is  given  by 


Since 


therefore 


e0  =  (X)  10 


e  =  k2  log  y 


(103) 


eo  =  K~J 


(104) 


An  error  analysis  indicates  that  when  the  circuit  is  used  for  division 
with  a  divisor  range  of  150  to  1,  and  when  P2  and  P3  are  accurate  to  0.  1 
percent  of  full  scale,  the  quotient  is  accurate  only  to  20  percent  of  the 
full-scale  reading. 


se rational  Amplifiers 


High-gain  a-c  or  d-c.  feedback  amplifiers  may  be  used  for  addition, 
multiplication,  and  division  by  varying  the  impedance  of  the  feedback  loop. 
The  circuit  and  equation  are  given  in  Fig.  52. 

An  error  study  has  been  made  of  this  circuit  functioning  as  a  divider 
with  i?,  ,  /?a ,  and  R3  fixed  and  e,  =  0.  If  e,  and  X  are  accurate  and  /?„  has 
0.01 -percent  full-scale  linearity,  the  accuracy  of  the  quotient  will  be 
1. 5  percent  of  full  scale  when  the  range  of  the  divisor  is  150  to  1. 

Correction  Computer 


Most  of  the  angle  of  attack  indicators  studied  measure  the  local 
angle  of  attack  and  therefore  require  a  correction  computer  to  compute 
the  free-stream  angle  of  attack.  Studies  by  Cornell  Aeronautical  Labo¬ 
ratory  (Ref.  91)  show  that  the  free-stream  angle  of  attack  for  sensors 
located  on  a  nose  boom  is  given  by 


a  =  ai  “  Mfs  (aL)  -  M2ft  (aL)  + 


(105) 


where  fH  ,  /5,  and  f%  are  arbitrary  functions  and  K  is  a  constant. 
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With  the  sensor  mounted  ahead  of  the  nose  of  the  aircraft.  .  f.. 
and  /.  become  zero  at  supersonic  speeds  and 

*  a-K  (106) 


a  =  aL  +  v 


number  is  included  in  this  mechanization. 


For  the  condition  0  <  H  <  1, 


(107) 


If  7=  1.  40  this  may  be  rearranged  to  give 

_li  =  (1  +  0.2  N*)X*  "I  =  fi<K) 


(108) 


where 


y  is  the  ratio  of  specific  heats  of  8a® 
/7is  a  specific  function  of  Mach  numbe 


For  the  condition  M  >  l. 


y  »  I  » 

p.  (y  +  l)*-,#y-' 

_ L  = - - ’“"y"’ 

P_  (&y#a-  4y  +  2)r" 


(109) 


This  may  be  written  in  the  form 


—  =  /.  (M) 

ps 


At  M  =  l,  f7  (*>  a^d  /,(#)  form  a 


continuous  function.  Therefore 


where 


_!±  -  f,(M),  M  >0 

Ps 


ft  (M)  =  0  <fi  1 

ft(M)  =ft(M),M>l 


(110) 


(111) 
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’ig.  53.  Mechanization  of  correction  computer 


The  mechanization  of  the  correction  computer  is  presented  in 
Fig.  53.  This  computer  is  designed  for  a  sensor  location  on  a  nose 
boom.  Correction  computers  for  other  sensor  locations  are  considerably 
more  complex,  as  they  must  provide  compensation  for  local  flow  disturb¬ 
ances  in  supersonic  flight.  This  is  not  required  with  a  nose  boom  instal¬ 
lation.  In  this  mechanization  the  following  assumptions  have  been  made: 

aK  aK 

1.  The  term  —may  be  expressed  as  ~ “  . 

2.  The  static  pressure  line  is  compensated  so  that  the  correct 
value  of  Ps  is  measured.  (Static  pressure  compensation  is  dis¬ 
cussed  in  the  next  section.  ) 

The  inputs  to  the  correction  computer  are  local  angle  of  attack, 
pitching  rate,  and  static  and  total  pressure.  Twisted  bourdon  tube  pres¬ 
sure  sensors  are  shown,  in  which  a  servomotor  drives  a  spring  to  main¬ 
tain  the  tip  of  the  bourdon  tube  in  the  null  position. 

Mach  number  is  computed  in  a  bridge  circuit  in  which  one  resistor 
is  fixed,  another  is  a  linear  rheostat  set  by  static  pressure,  a  third  is  a 
linear  rheostat  set  by  dynamic  pressure,  and  the  fourth  is  a  nonlinear 
rheostat  with  R  -  Kft  ( M ).  A  servomotor  drives  this  rheostat  to  balance 
the  bridge,  and  thus  the  shaft  position  of  the  servo  is  proportional  to 
Mach  number.  The  Mach  number  servo  also  drives  potentiometers  used 
in  the  calculation  of  both  local  and  true  angle  of  attack. 

The  local  angle  of  attack  input  is  from  a  servo  and  positions 
three  function  potentiometers.  One  of  these  furnishes  voltage  to  a  square- 
law  potentiometer  positioned  by  Mach  number  and  another  provides  volt¬ 
age  to  a  linear  potentiometer  positioned  by  Mach  number.  The  true  angle 
of  attack  is  computed  by  summing  the  outputs  of  the  Mach  potentiometers, 
the  output  of  the  local  angle  of  attack  potentiometer,  and  the  output  of  a 
reciprocal  potentiometer  positioned  by  Mach  number  and  excited  by  the 
output  of  a  pitching  rate  gyro. 

Without  the  potentiometer,  R  -  Ko.  ,  the  output  of  the  amplifier,  is 
an  amplitude -modulated  400-cps  signal  proportional  to  a.  Adding  the 
voltage  from  the  potentiometer  makes  this  output  zero  when  the  output 
shaft  is  positioned  at  some  angle  proportional  to  a.  Thus  the  two  syn¬ 
chros  can  be  used  to  indicate  a  remotely. 
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EXTENSION  TO  FLIGHT  DATA  COMPUTERS 


GENERAL 

The  growing  trend  toward  integration  of  requirements  for  flight 
data  and  toward  obtaining  these  data  from  a  single  computer  package  is 
closely  allied  with  computation  of  attack  angle,  particularly  when  the 
accuracy  goal  is  0.  1  degree.  To  obtain  this  accuracy,  it  becomes  nec¬ 
essary  to  include  small-order  effects  that  are  negligible  in  many  less  ac¬ 
curate  applications,  and  since  these  effects  are  functions  of  aerodynamic 
quantities,  it  is  apparent  that  flight  data  are  essential.  All  the  systems 
for  determination  of  attack  angle  require  flight  data,  if  not  for  computa¬ 
tion  of  the  basic  terms,  at  least  for  introduction  of  correction  terms. 
True,  the  accuracy  required  of  the  flight  data  is  less  in  the  second  case, 
but  in  integrated  systems  the  accuracy  must  be  suitable  for  the  most  de¬ 
manding  requirements,  which  may  not  always  be  those  of  the  attack  angle 
problem. 

Because  movable  external  flow  sensors  are  not  permitted  in  this 
study  problem,  measurement  of  the  direction  of  local  air  flow  at  any 
selected  position  on  the  airframe  by  this  technique  is  eliminated.  If  local 
air  flow  angle  can  be  measured,  the  true  attack  angle  may  be  determined 
with  acceptable  accuracy  for  present-day  fire  control  applications  by  in¬ 
troducing  corrections  to  the  local  angle  which  are  functionally  related  to 
Mach  number. 

Some  angle  of  attack  systems  are  basically  measuring  systems 
while  others  are  basically  computing  systems.  The  systems  which  have 
promise  of  application  within  the  specified  boundary  conditions  have  two 
basic  sources  of  error: 

1.  Inaccuracies  in  such  basic  measuring  devices  as  accelerom¬ 
eters,  pressure  sensitive  elements,  temperature  probes,  and  force 
pickoffs,  or  in  their  installation. 

2.  Basic  data  mechanized  in  the  computer,  which  may  introduce 
errors  in  the  form  of  arbitrary  functions  of  the  several  aerody¬ 
namic  quantities. 

Errors  in  group  1  can  be  reduced  to  the  necessary  precision  only  through 
the  medium  of  improved  sensors.  It  is  important  to  select  the  systems 
which  use  the  best  available  instruments  and  which  may  possibly  suffice 
with  less  instrument  accuracy.  Those  in  group  2  are  determined  through 
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flight  test  in  the  final  analysis,  and,  again,  instrumentation  becomes  an 
important  factor.  The  accuracy  with  which  these  functions  can  be  de¬ 
termined  is  much  less  than  the  accuracy  of  the  computer  which  mecha¬ 
nizes  the  functions  because  increased  computer  accuracy  is  merely  re¬ 
finement  of  technique.  The  argument  that  measuring  systems  are  supe¬ 
rior  to  computing  systems,  or  vice  versa,  is  beside  the  point  in  this  in¬ 
stance,  without  due  consideration  for  all  of  the  sources  of  error,  as  they 
both  rely  basically  on  the  measurement  of  a  number  of  quantities  and  upon 
the  mechanization  of  arbitrary  functions  of  aerodynamic  quantities.  It 
becomes  apparent  that  the  promising  solutions  will  probably  contain  er¬ 
rors  due  to  both  factors. 

STATIC  ERROR  COMPENSATION 

One  of  the  errors  which  becomes  more  acute  as  aircraft  approach 
and  exceed  the  transonic  region  is  the  error  in  static  pressure  source. 
This  error  is  due  to  misalinement,  compressibility,  and  shock  wave 
effects,  which  can  combine  to  produce  a  resultant  error  in  static  pres¬ 
sure  of  10  percent  or  more  in  some  instances.  This  error  is  reflected 
in  each  computation  that  includes  static  pressure,  impact  pressure, 

Mach  number,  or  true  airspeed  relations;  therefore  the  desirability  of 
eliminating  it  is  obvious.  Since  the  errors  are  inherent  in  the  source, 
only  partial  improvement  can  be  realized  by  redesign  and  relocation  of 
the  pressure  source  pickoff.  One  remaining  possibility  is  to  compensate 
the  pressure  line  for  errors  in  the  source.  This  method  permits  the  de¬ 
signer  more  freedom  in  selecting  the  location  of  the  source  to  accord  with 
such  other  factors  as  drag,  structure,  radar  interference,  and  local  flow 
effects. 

Two  methods  of  introducing  the  compensation  may  be  considered. 

The  first,  using  electrical  repeaters  from  correct  quantities  mechanized 
in  the  computer,  is  usually  ruled  out  because  of  the  loss  of  flight  infor¬ 
mation  in  the  event  of  computer  failure.  Although  the  simplest,  it  is  not 
the  most  reliable  solution.  The  second  method  consists  of  introducing 
into  the  static  pressure  line  a  decrement  of  pressure  to  offset  the  source 
error.  It  assumes  that  the  error  is  repeatable  and  a  continuous,  single  - 
valued  function  of  common  aerodynamic  quantities  and,  further,  that  the 
error  function  can  be  determined  with  acceptable  accuracy  from  flight 
test  processes. 

This  system  has  the  desirable  feature  of  utilizing  standard  pressure 
actuated  flight  instruments  and  can  be  made  fail-safe  in  such  a  maimer 
that  de-energizing  the  source  of  pressure  correction  only  relaxes  the  sys¬ 
tem  to  the  conventional  uncompensated  condition.  Some  form  of  static 
pressure  compensation  is  believed  to  be  mandatory  if  the  0.  1 -degree 
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Fig.  54.  Integrated  flight  data  computer  block  diagram 


accuracy  is  to  be  obtained  for  the  attack  angle  output.  It  is  not  manda¬ 
tory  in  all  systems  to  develop  an  actual  pressure,  but  since  t.ie  error 
must  be  mechanized,  it  seems  desirable  that  advantage  be  taken  of  this 
fact  to  correct  the  pilot's  flight  instruments.  - 

INTEGRATED  FLIGHT  DATA  COMPUTER 

Certain  logical  assumptions  can  be  made  to  define  a  hypothetical 
system.  The  assumption  that  the  attack  angle  information  is  required 
for  solution  of  a  fire  control  or  bombing  problem  suggests  the  need  for 
true  airspeed,  and  possibly  air  density,  information.  If  no  yaw  damper 
is  provided  in  the  flight  control  system,  the  computation  of  skid  angle  is 
required.  Automatic  pilot  tie-in  may  specify  altitude -hold  and  rate-of- 
climb  intelligence,  in  addition  to  the  basic  static  and  differential  pressure 
quantities. 

These  assumptions  round  out  a  basic  flight  data  system  which  has 
the  defined  function  of  providing  true  attack  angle  to  an  accuracy  of  0.  1 
degree,  plus  the  expanded  facility  for  static  pressure  error  compensation 
and  fire  control  -  flight  control  tie-in.  Figure  54  illustrates  the  block 
flow  diagram  of  such  an  instrumentation  system.  The  more  basic  quan¬ 
tities  —  absolute  (static)  pressure,  p  ;  impact  differential  pressure,  qi  ; 
Mach  number,  M  ;  and  true  airspeed,  Vf  —  are  servoed  to  obtain  accurate 
shaft  rotations  proportional  to  these  quantities.  The  remaining. variables 
—  attack  angle,  a;  skid  angle,  air  density,  p  ;  altitude  rate,  h;  and 
altitude  error,  —  are  supplied  as  voltages. 

Variations  of  the  computer  shown  in  Fig.  54  are  almost  unlimited. 
The  only  purpose  here  is  to  suggest  the  logical  diversification  of  the 
functions  performed  by  the  angle  of  attack  computer  and  their  incorpora¬ 
tion  into  an  integrated  package.  The  greater  utility  will  benefit  overall 
weapon  efficiency,  reliability,  and  performance. 
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ACCURACY  REQUIREMENTS 


It  is  worth  while  to  examine  the  accuracy  requirements  of  a  true 
angle  of  attack  indicator,  as  cost  and  complexity  increase  rapidly  as  the 
error  is  reduced  below  0.25  degree.  The  information  accuracy  required 
is  dictated  by  the  performance  of  the  system  with  which  it  is  used.  Prob¬ 
ably  the  most  critical  requirement  is  that  set  by  a  fire  control  system; 
therefore  this  discussion  will  be  concerned  with  such  a  system. 

FIRE  CONTROL  SYSTEM  ERRORS 

Errors  Normally  Neglected 

In  the  design  of  present  fire  control  systems  a  number  of  small-order 
effects  are  neglected.  If  system  accuracy  is  such  that  angle  of  attack 
data  are  required  to  an  accuracy  of  0.  1  degree,  it  is  probable  that  some 
of  the  following  must  be  considered. 

1.  A  modern  fighter  aircraft  is  never  completely  stable  in  trimmed 
flight,  especially  at  high  altitudes  where  aerodynamic  damping  is 
low.  The  dynamic  pitching,  yawing,  and  rolling  oscillations  of  the 
aircraft  impart  momentum  to  the  rocket  while  it  is  in  the  launcher. 
This  momentum  affects  its  trajectory. 

2.  Because  a  finite  time  is  required  for  the  rocket  to  ignite  and 
travel  through  the  launching  tube  the  angle  of  attack  at  the  moment 
the  rocket  leaves  the  launcher  may  be  different  from  that  introduced 
into  the  fire  control  computer. 

3.  An  error  will  be  introduced  if  a  portion  of  the  rocket  flight  path 
crosses  through  gusts.  This  is  especially  important  if  the  gust  is 
encountered  during  the  rocket  burning  time. 

4.  At  supersonic  speeds  an  error  is  introduced  as  the  rocket 
passes  through  the  aircraft  shock  wave. 

Other  Errors 


In  the  attempt  to  obtain  an  accurate  system  it  is  natural  to  require 
the  ultimate  accuracy  from  each  element  of  the  system.  However,  if 
this  accuracy  can  be  obtained  only  through  greatly  increased  complexity 
and  expense,  it  is  wise  to  re-evaluate  the  accuracy  requirement  in  terms 
of  the  accuracy  consistent  with  other  elements  in  the  system.  A  fire 
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Fig.  55.  Variation  of  total  system  rms  error  with  rms  error  in 
accurate  element 


control  system  is  assumed  to  comprise  radar,  fire  control  computer, 
flight  data  computer.,  and  pilot  or  autopilot.  At  the  present  state  of  de¬ 
velopment  there  are  errors  in  all  of  the  elements  of  the  system,  and  it  is 
not  reasonable  to  require  extreme  accuracy  from  one  element  while  tol¬ 
erating  poor  accuracy  from  another. 

The  rms  error  of  the  complete  fire  cor _rol  system  is  the  square 
root  of  the  sum  of  the  squares  of  the  rms  errors  of  the  individual  elements 
of  the  system.  In  an  ideal  system  the  component  errors  are  small  and 
contribute  equally  to  the  total  system  error.  A  system  composed  of  four 
elements,  like  this  one,  has  a  total  rms  error  equal  to  twice  the  rms 
error  of  an  element.  In  other  words,  the  rms  error  of  each  element 
need  be  no  better  than  one-half  desired  system  rms  error.  In  practice 
the  errors  of  the  elements  are  different,  and  in  an  extreme  case  one 
element  may  have  a  large  error  and  the  other  three  have  small  errors 
which  again  contribute  equally.  Figure  55,  a  curve  for  this  case,  shows 
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the  ratio  of  total  system  error  to  the  error  in  the  least  accurate  element 
as  a  function  of  the  ratio  of  the  individual  error  of  the  other  three  ele¬ 
ments  to  the  total  system  error.  From  this  graph  it  is  seen  that  if  the 
individual  error  of  each  of  the  three  elements  is  reduced  to  one-fourth 
of  the  system  error,  the  system  error  has  been  reduced  to  within  10  per¬ 
cent  of  its  minimum  value.  In  any  practical  system  the  errors  lie  be¬ 
tween  those  of  the  ideal  system  and  this  extreme  case. 

If  the  complete  fire  control  system  is  to  be  accurate  to  0.  5  degree, 
the  system  miss  error  due  to  angle  of  attack  error  may  be  as  large  as 
one-fourth  of  0.  5  or  0.  125  degree.  An  error  analysis  of  a  typical  fire 
control  system  shows  that  the  angular  miss  error  caused  by  an  error  in 
angle  of  attack  is  approximately  half  of  the  error  in  angle  of  attack. 
Therefore  the  actual  error  in  angle  of  attack  may  be  twice  this,  or  as 
much  as  0.25  degree. 

This  is  the  theoretically  required  accuracy  for  angle  of  attack. 

This  analysis  has  been  conservative,  as  in  practice  the  other  components 
in  the  system  have  errors  greater  than  that  of  the  flight  data  computer. 

ERRORS  DUE  TO  DEFLECTION  OF  STRUCTURE 

As  the  airplane  goes  through  various  flight  maneuvers  the  air  loads 
and  g  loading  on  the  structure  will  vary.  This  will  cause  some  deflection 
of  the  structure  between  the  angle  of  attack  sensor  and  the  fuselage  ref¬ 
erence  line.  To  what  extent  this  deflection  will  cause  errors  in  angle  of 
attack  must  be  determined  by  flight  test.  It  is  expected  that  a  short  nose 
boom  with  mounted  sensor  can  be  designed  to  have  negligible  deflection. 

It  is  also  necessary  to  know  to  what  extent  the  nose  section  of  the 
aircraft  deflects  with  reference  to  the  fuselage  reference  line.  If  a  de¬ 
flection  of  a  magnitude  to  cause  objectionable  error  is  found,  an  additional 
term  or  terms  must  be  added  to  the  correction  computer. 

VARIATION  OF  ACCURACY  WITH  DYNAMIC  PRESSURE 

Most  of  the  angle  of  attack  systems  studied  require  division  by  dy¬ 
namic  pressure,  with  their  accuracy  a  function  of  dynamic  pressure. 

The  best  accuracy  occurs  at  the  upper  end  of  the  dynamic  pressure  range. 
This  fact  is  consistent  with  the  fire  control  problem,  as  combat  occurs 
in  the  upper  portion  of  the  aircraft  speed  range.  Because  angle  of  attack 
systems  naturally  have  greater  errors  for  low  speeds  than  high,  the  cost 
smd  complexity  of  a  system  are  reduced  if  the  accuracy  tolerance  esm  be 
relaxed  for  the  low- speed  portion  of  the  flight  envelope. 
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FLIGHT  TEST  ERRORS 


One  of  the  problems  in  the  design  and  evaluation  of  a  high- accuracy 
angle  of  attack  system  is  obtaining  accurate  flight  test  information.  In 
all  the  systems  studied,  flight  tests  of  the  aircraft  are  necessary  to  ob¬ 
tain  the  basic  data  required  for  the  design  of  the  computer;  therefore  the 
accuracy  of  the  system  depends  upon  the  accuracy  of  the  flight  test  data. 
Upon  completion  of  a  system,  flight  test  calibration  is  used  to  check  its 
accuracy. 

Two  basic  methods  are  available  for  flight  test  calibration.  In  one 
the  attitude  and  flight  path  angles  of  the  aircraft  are  measured  and  the 
angle  of  attack  computed  as  their  difference;  in  the  other  a  free-floating 
vane  mounted  in  the  undisturbed  flow  region  ahead  of  the  aircraft  meas¬ 
ures  the  angle  of  attack  directly.  Techniques  used  to  measure  the  atti¬ 
tude  of  the  aircraft  include  photographing  a  ground  reference  from  the 
aircraft;  measuring  aircraft  attitude  directly  by  a  gyro,  pendulum,  or 
other  inertial  instrument;  and  simultaneously  photographing  the  aircraft 
from  the  ground  and  the  ground  from  the  aircraft.  The  flight  range 
through  which  the  attitude  and  flight  path  methods  can  be  used  is  severely 
restricted,  and  these  methods  are  subject  to  errors  of  the  same  order  of 
magnitude  as  the  desired  maximum  error  specified  in  this  contract. 

The  most  accurate  method  of  calibration  uses  a  free-floating  vane 
on  a  6-  to  8-ft  nose  boom.  Tests  by  the  NACA  and  NAA  (Ref.  57  and  23) 
indicate  that  a  vane  this  far  forward  of  the  aircraft  suffers  less  than  0.1- 
degree  error  from  the  aircraft.  Of  course,  it  is  necessary  to  correct 
the  results  for  floating  angle  of  the  vane,  upwash  around  the  boom,  and 
bending  of  the  boom.  Floating  angle  can  be  determined  by  wind  tunnel 
tests,  upwash  can  be  determined  theoretically  or  by  wind  tunnel  tests, 
and  the  boom  tip  inclination  can  be  measured  by  photographing  the  deflec¬ 
tion  of  a  light  beam  reflected  from  the  tip  of  the  boom.  NAA  has  devel¬ 
oped  this  technique  to  an  accuracy  of  ±0.  05  degree.  This  method  allows 
calibration  over  the  entire  flight  envelope. 

Unfortunately,  free-floating  vanes  on  a  long  nose  boom  cannot  be 
used  with  a  nose  boom  sensor  because  of  interference  between  the  two 
booms.  One  possible  technique  is  to  use  free-floating  vanes  to  calibrate 
a  lift  mechanization  system  which  can  then  be  used  as  a  reference  for 
calibrating  the  nose  sensor. 
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SUMMARY  AND  CONCLUSIONS 


The  important  characteristics  of  the  systems  studied  have  been 
tabulated  and  are  presented  in  Table  2.  The  systems  are  presented  in 
approximate  order  of  their  suitability,  with  their  characteristics  pre¬ 
sented  in  order  of  importance.  A  number  of  characteristics  common  to 
all  systems  have  not  been  included  in  the  table  but  are  discussed  below. 

1.  Ease  of  installation  by  the  contractor.  The  installation  prob¬ 
lems  are  similar  for  all  systems.  The  sensors  must  be  located 
accurately,  but  bias  adjustments  in  the  computer  compensate  for 
small  misalinements.  One  flight  test  for  each  installation  deter¬ 
mines  the  proper  bias  setting. 

2.  Ease  of  operation.  All  systems  have  an  ON-OFF  switch  and 
operate  with  no  other  attention  from  the  pilot. 

3.  Suitability  for  all  types  of  aircraft.  All  of  the  systems  studied 
require  a  change  in  the  computer  for  each  aircraft  model.  The 
items  to  be  changed  can  be  incorporated  into  plug-in  units  so  that 
these'  changes  can  be  easily  made. 

4.  Total  and  static  pressure  measurement.  All  of  the  systems  re¬ 
quire  total  and  static  pressure  information  for  use  in  the  computer. 
In  some  cases  this  information  can  be  obtained  from  extra  orifices 
in  the  sensor;  in  others  the  information  may  be  obtained  from  the 
standard  instrument  source  of  these  pressures. 

An  examination  of  Table  2  indicates  that  seven  systems  meet  the 
following  contractual  requirements: 

1.  Probability  of  having  an  error  of  less  than  0.  1  degree  of  true 
angle  of  attack  during  normal  flight  conditions. 

2.  No  moving  parts  external  to  the  aircraft  or  exposed  to  environ¬ 
mental  conditions. 

3.  Suitability  for  measuring  angle  of  yaw  through  reorientation  of 
the  sensing  element  and  necessary  mechanization  modification. 

4.  Good  resistance  to  environmental  conditions. 

The  systems  which  do  not  meet  these  requirements  have  been  dis¬ 
carded  for  the  following  reasons.  The  smoke  particle  method  was  re¬ 
jected  because  it  was  believed  difficult  to  get  a  well-defined  smoke  stream 
with  which  to  detect  angle  of  attack  to  0.  1  degree.  The  sonic  method  re¬ 
quires  extensive  electronic  equipment  and  offers  no  advantages  over  other 
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systems.  The  atmospheric  reflection  method  has  the  advantage  of  meas¬ 
uring  angle  of  attack  of  the  airplane  with  respect  to  undisturbed  air,  but 
the  complexity  and  development  required  rule  out  this  method.  The  ioni¬ 
zation  method  improves  the  smoke  particle  method  by  using  an  unlimited 
source  of  praticles,  which  should  be  easier  to  detect.  But  there  is  some 
doubt  about  how  the  flow  is  influenced  by  the  structure  between  the  ioni¬ 
zation  source  and  detector  and  about  how  accurately  the  detector  locates 
the  stream  of  ions.  There  is  also  the  question  as  to  what  effect  the  ion 
stream  has  upon  the  radar. 

The  null- seeking  devices  have  been  discarded  because  each  has  an 
external  moving  part.  The  wing  system  cannot  be  reorientated  to  meas¬ 
ure  yaw  and  requires  complicated  correction  functions. 

After  eliminating  the  systems  discussed  above,  the  following 
remain: 

1 .  Lift  mechanization 

2.  Yaw-pitch  pitot  tube 

3.  Yaw-pitch  pitot  tube  with  dual  differential  pressure  port 

4.  Nose  pressure  ports 

5.  Dual  pressure  sensor 

6.  Force  vane  sensor 

7.  Dual  vane  sensor 

Of  these  systems  the  dual  vane  sensor,  the  force  vane  sensor,  and 
the  dual  pressure  sensor  can  be  eliminated  because  any  advantages  they 
have  over  the  remaining  systems  do  not  compensate  for  their  disadvan¬ 
tages.  The  only  possible  advantage  of  the  force  systems  is  the  elimina¬ 
tion  of  pressure  lines  and  accompanying  lag  effects,  which  are  not  ex¬ 
pected  to  be  serious.  An  inherent  problem  in  boom-mounted  vanes  is 
that  the  force -measuring  device  must  be  mounted  in  the  small  confines 
of  the  boom  and  is  exposed  to  wide  temperature  variations.  Also,  the 
force-measuring  devices  available  must  allow  a  slight  movement  of  the 
sensor,  which  is  not  desirable.  Finally,  computer  complexity  for  the 
force  systems  is  the  same  as  for  the  equivalent  pressure  systems. 

There  appears  to  be  no  advantage  of  the  dual  pressure  sensor  sys¬ 
tem  over  the  dual  pressure  port  yaw-pitch  pitot  tube  providing  that  the 
latter  system  works  according  to  theory.  The  dual  pressure  sensor  sys¬ 
tem  has  the  disadvantage  of  possible  interference  effects  of  one  sensor  on 
the  other  and,  in  subsonic  flow,  of  the  interference  of  the  supporting 
structure  on  the  sensor.  In  addition  the  dual  sensors,  separated  by  some 
distance,  present  a  bulky  angle  of  attack  sensor. 
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There  remain  for  further  consideration  the  following: 

1.  Lift  mechanization 

2.  Yaw-pitch  pitot  tube 

3.  Yaw-pitch  pitot  tube  with  dual  differential  pressure  port 

4.  Nose  pressure  ports 

Present  information  is  not  sufficient  to  say  which  of  these  is  best.  Until 
the  lift  mechanization  is  applied  to  a  particular  airframe,  it  is  difficult 
to  say  exactly  how  complicated  the  computer  will  be.  This  system  has 
the  advantage  of  requiring  no  external  sensors  except  the  pitot-static 
tube,  which  is  already  required  for  the  aircraft  instrument  system.  It 
does  reouire  accurate  measurement  of  airplane  takeoff  weight  and  an  ac¬ 
count  of  airplane  weight  during  flight.  While  in  previous  systems  of  this 
type  it  has  not  been  necessary  to  weigh  the  plane  to  the  accuracy  required 
here,  it  is  felt  that  this  weighing  can  be  accomplished  without  great  in¬ 
convenience. 

The  point  in  favor  of  the  yaw-pitch  pitot  tube  is  that,  as  a  pitot- 
static  tube  is  needed  anyway,  there  is  no  serious  inconvenience  in  speci¬ 
fying  the  special  shape  and  adding  the  extra  ports  to  obtain  the  additional 
angle  of  attack  information.  By  adding  an  extra  pair  of  ports  to  the  yaw- 
pitch  pitot  tube,  one  obtains  a  dual  pressure  port  yaw-pitch  pitot  tube. 

The  resulting  computer  simplification  justifies  the  extra  ports  on  a  yaw- 
pitch  pitot  tube.  By  mounting  either  type  of  pitot  tube  on  a  short  boom 
ahead  of  the  nose,  the  local  flow  corrections  are  minimized. 

The  shape  of  the  head  used  on  the  yaw-pitch  pitot  tube  will  be  based 
upon  factors  which  must  largely  be  determined  from  wind  tunnel  tests  at 
high  Mach  numbers  and  by  ease  of  manufacturing. 

The  degree  to  which  the  local  flow  corrections  are  minimized  by 
the  boom  and  the  amount  of  radar  interference  determine  the  relative 
merits  of  the  nose -boom-mounted  pitot  tubes  vs.  a  nose  location  of  pres¬ 
sure  ports.  If  the  boom  imposes  undesirable  radar  interference,  does 
not  decrease  significantly  the  local  flow  correct 'ons,  and/or  imposes  a 
maintenance  personnel  hazard,  the  nose  location  of  pressure  ports  ap¬ 
pears  more  feasible.  The  nose  location  implies  a  suitable  and  reliable 
nose  shape  upon  which  to  locate  the  ports  without  contributing  any  radar 
interference.  It  is  felt  that  there  is  a  strong  possibility  of  achieving  this. 

Both  the  lift  mechanization  and  the  yaw-pitch  pitot  tube  have  been 
developed  for  subsonic  aircraft,  but  at  the  present  state  of  development 
it  is  impossible  to  say  which  of  the  four  systems  is  best  for  supersonic 
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flight.  It  is  therefore  recommended  that  these  four  systems  be  investi¬ 
gated  further  until  it  becomes  clear  which  has  the  best  characteristics, 
with  the  understanding  that,  except  for  the  lift  mechanization,  the  systems 
are  similar  and  require  similar  hardware. 

A  nose  boom  location  is  recommended  for  the  yaw-pitch  pitot  tubes 
because  it  has  been  shown  that  greatest  accuracy  can  be  obtained  from 
such  a  sensor  location.  This  location  should  not  seriously  interfere  with 
the  radar  in  supersonic  aircraft  having  high-fineness -ratio,  conical,  or 
ogival  radomes.  For  aircraft  with  a  hemispherical  radome,  a  boom 
sensor  located  beside  the  radome  will  probably  not  cause  serious  radar 
interference  and  is  recommended.  In  addition  to  providing  suitable  angle 
of  attack  data,  these  locations  will  furnish  improved  static  and  stagnation 
pressure  information  for  the  aircraft  instrument  system. 


Free-floating  vanes  on  a  long  nose  boom  should  be  used  in  the  flight 
test  program  for  determining  the  computer  constants  and  for  evaluation 
and  calibration  of  the  lift  mechanization  system.  The  calibrated  lift 
mechanization  system  can  then  be  used  as  a  reference  in  evaluating  the 
yaw-pitch  pitot  tube  system. 

It  is  recommended  that  the  computers  for  these  systems  be  devel¬ 
oped  in  a  form  that  will  allow  their  expansion  into  flight  data  computers 
with  a  minimum  of  additional  components.  It  is  also  recommended  that 
the  accuracy  requirements  be  re-examined  in  an  attempt  to  relax  them 
as  much  as  possible,  especially  in  the  low- speed  portions  of  the  flight 
envelope.  This  will  reduce  the  complexity  and  cost  of  the  system. 
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NOMENCLATURE 


a 

aT 

a,  b,  c 
C 


CD 


acceleration 

acceleration  along  aircraft  Y  axis 

acceleration  along  aircraft  Z  axis 

dimensions  of  computer  lever  arms 

constant 

drag  coefficient 

zero  lift  drag  coefficient 

proper  drag  coefficient 

lift  coefficient 


lift  curve  slope, 


*Cl 

da 


lift  curve  slope  of  tail  surface. 


dCL 

dBm 


lift  curve  slope  due  to  pitching  velocity 
pitching  moment  coefficient 

pitching  moment  coefficient  for  zero  angle  of  attack 

rate  of  change  of  pitching  moment  coefficient  with 
dC_ 


da 


rate  of  change  of  pitching  moment  coefficient  with 

dCM 

dBm 
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CP 


n  •*  i,2,3  ... 
ei r»  er*  ez 


Fn 

n  «  l  ,a  ,3  .  .  . 


rate  of  change  of  pitching  moment  coefficient  with 


specific  heat  at  constant  pressure 


aircraft  thrust  coefficient 

specific  heat  at  constant  volume 

wing  chord  length 

aerodynamic  drag 

output  of  smoke  particle  detectors 

wire  diameter 

computer  voltages 

distances  between  accelerometer  and  aircraft  eg 
along  X,  Y,  and  Z  axes,  respectively 

compressibility  factor 

force 


F  force  along  flight  path  axis 

Fz  force  perpendicular  to  flight  path  axis 

/  distance  in  sonic  transit  time  sensor 

f c  compressibility  factor 

g  acceleration  of  gravity 

h  altitude 
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h 


altitude  rate 


i 

It 


Kn 

»-0, 1,1,3. 

Kr 


current 

moment  of  inertia  about  Y  axis 
various  constants 
temperature  recovery  factor 
coefficient  of  heat  conductivity  for  air 


radius  of  gyration, 


L 

L 

n 

n-  I ,  a ,  3 ,  . . 
L 

M 


K 

n  -  I,  2,  3. 


nT 


aerodynamic  lift 
computer  levers 

hot  wire  length 
Mach  number 
mass  of  aircraft 
force  normal  to  vane 

e 


Pl  pressure  at  lower  orifice  of  sensor 

Pn  pressure  at  specific  sensor  port 

P$  free-stream  static  pressure 

Ps  indicated  free-stream  static  pressure 
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total  pressure;  in  super 
behind  the  shock  wave 


sonic  flow,  the  total  pre*  sure 


h 

A  P 

A  Pa-b 

a8 I , 1 t 5 • • • 

b«|, 1,3. , . 

A  Pa 
A  Pfi 

q 

qi 

R.  Rt 

R n  , 

n  *  I,  3* 

•V 


pressure  at  upper  orifice  of  sensor 


probe 


T  i 
T. . 


differential  pressure 
differential  pressure 


between  two  ports  of  a  sensor 


differential  pressure 
ports 


between  angle  n£  attack  sensing 


between  angle  of  yaw  sensing 


differential  pressure 
ports 

dynamic  pressure,  1/2  Pv 

indicated,  or  compressible,  dynamic  pressure  (P,  -  P5 

variables  defined  by  Eq.  101 

resistance 

distances  of  wing  and  tail  forces,  respectively, 
from  eg 

area  of  lifting  surface 

distance  between  source  and  receiver 
static  temperature 

temperature  measured  by  a  temperature  probe 

total  temperature 
wire  temperature 
sound  transit  time 
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wing  thickness 
distance  from  < 


center  of  suspension  to  disturbing  force 


velocity  of  sound 
trud  airspeed 


voltage 


weight 


power 


in  watts 


reference  axle  system  affixed  to  aircraft  (Fig.  1) 
reference  axis  system  affixed  to  flight  path  (Fig.  1) 
distance  between  tail  force  and  center  of  gravity 
angle  of  attack  of  aircraft  relative  to  surronnding 


air  mass 


local  angle  of  attack  at  location  of  sensing  element 
local  angle  of  attack  at  sensor  1 

local  angle  of  attack  at  sensor  2 

angle  of  attack  for  zero  lift 
angle  of  attack  due  to  wing  twist 

angle  of  yaw  of  aircraft  relative  to  surrounding  air  mass 
local  angle  of  yaw  at  location  of  sensing  element 
angle  of  yaw  for  zero  sideslip 

CP 

ratio  of  specific  heats,  - 
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de/lection  angle  of  tail  surface 
altitude  error 

angular  rotations  about  X  •  and  ^  axe  i, 
rf  spectively 

general  angle,  used  in  several  discussio 
angle  defined  in  Fig,  19 
coefficient  of  viscosity 
air  density 
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